0 o max 1995 


Ref: 95-F-0638 


Ms . Ann Rutledge 

ARrow Intellectual Property Services 
2001 Jefferson Davis Hwy., Suite 304A 
Arlington, VA 22202 

Dear Ms . Rutledge : 

This responds to your Freedom of Information Act (FOIA) 
request of March 15, 1995 (ARrow Order 3-59), which was 
received in this Directorate on March 20, 1995. Our interim 
response of March 24, 1995, refers. 

The Advanced Research Projects Agency (ARPA) has 
provided the enclosed document as responsive to your 
request. . . . 

The Office of the Secretary of Defense/ Joint Staff 
incurred expenses totaling $109.95 in processing your 
request of which $91.70 are reimbursable. Assessable fees 
consist of 1 hour of search and 1 hour of review at the 
professional rate of $25.00 per hour, and 1/4 hour of review 
at the executive rate of $&. 00 per hour, and 203 pages of 
office copy reproduction at $0.15 per page. 

Please indicate the reference_number above and remit a 
check or money order made payable to the U. S. Treasurer in 
the amount of $ 91.70 within 30 days to this Directorate. 
Please also note the billing date above since payments 
received later than 30 days after the billing date may incur 
additional interest charges. 


Sincerely, 



A. H. Passarella 
Director 

Freedom of Information 


Enclosures : 

As stated 

CYT/CURRY:sc : grant: 950503 :gr 



UNCLASSIFIED/LIMITED 

^ “ ; Technical Report 

" ; ' distributed by 

. . • ••*■><» ' *"*•"**'<?*' ' . i ■ ~J* “ •<" t i .. •• •' - ’ll J*“' !'/ 

DEFENSE 

Technical 
Information 
Center 




Cameron Station 
Alexandria, Virginia 22304-6145 


UNCLASSIFIED/LIMITED 





UNCLASSIFIED/LIMITED 


Policy on the Redistribution of DTIC-Supplied Information 

As a condition for obtaining DTIC services, all information received from DTIC 
that is not clearly marked for public release will be used only to bid or perform 
work under a U.S. Government contract or grant or for purposes specifically 
authorized by the U.S. Government agency that is sponsoring access. Further, 
the information will not be published for profit or in any manner offered for sale. 

Non-compliance may result in termination of access and a requirement to 
return all information obtained from DTIC. 

NOTICE 


We are pleased to supply this document in response to your request. 

The acquisition of technical reports, notes, memorandums, etc., is an active, ongoing 
program at the Defense Technical Information Center (DTIC) that depends, in part, 
on die efforts and interest of users and contributors. 


I 


Therefore, if you know of the existence of any significant reports, etc., that are not in 
the DTIC collection, we would appreciate receiving copies or information related to 
their sources and availability. 


The appropriate regulations are Department of Defense Directive 3200.12, 
DoD Scientific and Technical Information Program; Department of Defense 
-Directive 5230.24, Distribution Statements on Technical Documents; American 
National Standard Institute (ANSI) Standard Z39.1 8-1987, Scientific and Technical 
Reports- Organization,Preparation,and Production;Department of Defense 5200. 1-R, 
Information Security_Program Regulation. 


Our Programs Management Branch, DTIC-OCP, will assist in resolving any 
questions you may have concerning documents to be submitted. Telephone numbers 
for that office are (703) 274-6847, or DSN 284-6847. The Reference Services 
Branch, DTIC-BCR, will assist in document identification, ordering and related 
questions. Telephone numbers for that office are (703) 274-7633 or DSN 284-7633. 

DO NOT RETURN THIS DOCUMENT TO DTIC 

I EACH ACTIVITY IS RESPONSIBLE FOR DESTRUCTION OF THIS I 
DOCUMENT ACCORDING TO APPLICABLE REGULATIONS. | 


UNCLASSIFIED/LIMITED 

U.S. OOVBOIIENT PRINTING OFFICE : 1993 O - 150-524 



MULTIPLE SATELLITE SYSTEM PROGRAM 


/J, 





■ V* 


MULTIPLE SATELLITE SYSTEM PHASE I 
SATELLITE INTEGRATOR REPORT 


LR.MURPHY ... 

Ball Aerospace System Division 
P.O.Box 1062 
Boulder, CO 80306 

20 March 1987 - - r 

Final Report F 87-03 

F20602-86-C-C064 ^ 

Detrition limited to Department of Defense 

and Department of Defense Contractors Only, Critical Technology 


Prepared for — " - — 

DEFENSE ADVANCED RESEARCH PROJECTS AGENCY* 
1400 Wilson Boulevard . 

Arlington, VA 22209 


Department of the Air Force 
Rome Air Development Center 
RADC/DCCR 

Griffis Air Force Base, New York. 


S2SE2SBSDEH 


14, «iw**r* c^*a3i#ic*rio»* 

Itnclgislfled 


ll |«W#*r» CL>«»'iC*TION «gr*o»iTt 

N/A 


^ 9CC ^4Si#tCAn0M/00WMGMA0lNQ JOitOUCX 

*• N/A - : ••— 


AtAACAMMMO OHCAN«iATlON MUMlIAH) 


REPORT DOCUMENTATION PAGE 


1*. MfSTMlCTlVt MAAA1MC3 


x oiSTnifunoN/AVAiunurY oa *i»‘0 at 


S. MONITQAING OACAAM^riON AtACAT NUMl|n(S) 


> lU MlOI AftAAOAMlMG GACANliATlON 

Ball Aerospace Systems Dlv. 


, AOQA413 <C;<T. SM «*• U* Com* 

P.0. Box 1062, 

Boulder, CO 80306 



74 N4MI SI UOHlTOKlM SKANlUf ICN . 

Defense Advance Research Projects Agency 
Information Processing Techniques Office 


J*. lOOHU (Or. sum m g;* (mu 

1400 Wilson 8ouVevard 
“Arlington, VA 22209 


, m4m« c* *uNOiNc s s»;'**qeiNa 

oacanuaticn Kome Air 
Development Center 


4 ACOAIU iC2ir. iMtf ae* lif Com* 

GrlfflSS AFB NY 13441-5700 


. OAA»Cf ?>MlOl 9. AACCJAlMfMT iNSTAUMC.sr JOiNTlf iC-XTION 

F30602-86-C-0064 




AAQQAAM 
SLIMC.ST MO. 


A«Oj«CT 

TA4K 

MO. - 

. MO. 


4 


WOAK UNIT 
MO. 


12. MMCNAi. AuTMOAlS) 


12* TYAt CA AtAOAT 

Final Technical Reoo 


14. 2WA*1.iM«NTA*4* MOTATlQM 




14. CAT I CA At AC AT flf A. C«T# 

87 .March 20 


19. AA.CI CCWMT 



CC9AT1 Ctrl! 


• CUP * 1U8 CA 


it. SVJtutCT Tt AMS .Caimm •* mt^f •/ mmtmon e *4 4m«i/i #t *<•*« 4iam4*r# 


AttTAAC? 1 Coot mm m awpm t/ nt ma ary —*A >m»aff »y *mm mu mom* , . . _ * _ _ 

The emphasis of the effort documented In this report was to perform sate 11 te Integrator 
trades to develop the Preliminary Satellite Oesign Report for ^ e .^ 1t ^ p ]L! a ^l.l^ e system 
(MSS). The-deslgn trades were for— a-low-cost-satell 1te_for_a h i g h bandwidth global 
communication system integrating burst radio, digital Processor ‘"^electron- kail y *««raoTi 
antenna designs. This objective was to be met by analysis and ^e-offs *nth n JI %»<?! ns 
MSS team members, providing a means of Iterating the sa.elllte, radio ar.d antenna c.sig s 

to reach a cost effective solution. 

The data presented In this report Identifies the satellite Interfaces with the P«yload- 

radlo/antenna. Flight operations - launch, orbi ; s v thl*«St!ll1te S sub- 

communl cations station and relates the Impact of these Interfaces with the s^nite *“* 

systems - power, attitude control, structure, etc.. In parametric form. If s, £adc' 

that cost/performance trades could be performed. T^«T 1nal resolution °f^ sys 
are being executed by the MSS system engineer In the MSS A specification. .- . 


X 3l47J»l«WflCN/AV AlwkilWlTY QA AA4TAACT 
UMCUA4SIA«fO/VNVlM«rf9 C %A**t *1 APT. Q QTICUSIHI O 


21. AASTAACT UCUAlTY C«A*44AIC*riOP« 


::a mam< OA MSPONl.li.4 iMQiviOuav 

L. R. Murphy 


OO FORM 1473, 83 mPR 


Unclassified 


22*. Tfwi a «CN4 MUM44A 
rferetd <an Com* 


(303) 939-4090 


(OlTiOM OA I 4AM 72 >S QASQwiTt. 




«. 3AAIC1 1Y^40C 


...» i n ^ i 1 1 ^ 

StC'jAlTV AlCAflON CA TNfS A ACi 


11 




























_ SUMMARY — ■ - ; : r v* :■ 1*.~ . - ‘i-.i 

This report describes the analyses and trades performed by BASD during 
Phase I of the Multiple Satellite System Program. These analyses and 
trades were performed to .develop the Preliminary Satellite Design Re* 
port for the multiple satellite system (MSS). The design trades were 
for a low cost satellite for a high bandwidth global communication 
system integrating burst radio, digital processor and electronically 
steerable antenna designs. Tuls objective was to be met by analysis 
and trade*offs with the other MSS team members, providing a means of 
iterating the satellite,* radio and antenna designs to reach a cost 
effective solution. Communication was maintained through telephone 
conversations , meetings between contractors and working groups meetings 
between ail contractors. 

The approach described by the analyses and trades in this document was 
to Identify the satellite Interfaces and relate the impact of these 
interfaces in parametric form, if possible,- such that cost/performance 
trades could ba made. - The main interfaces were Flight operations, 
payload, and the Ground user or final communication station. 

Flight operations were concerned with system parameters such as the 
satellite orbits, altitude, environment, launch and deployment strateg- 
ies versus the satellite lifetime and the satellite launch cost. Also 
to be considered were the Impacts of the* satellite communication range, 
earth multipath, and satellite altitude" differentials versus the number 
of satellites required for the system communication mission. 

The payload Interface concerned the satellite power, attitude control, 
structure, and telemetry and command necessary for the radio and 
antenna. Power subsystem analyses presented the cost estimates for 
satellite power including solar array cost, battery cost and launch 
cost, analysis of solar array configuration for optimum energy output, 
and analysis of the required battery size, the satellite charge 
controller, and the impact of peak power averaging of the transmit 
power . The attitude control int¥f?£cl~~~wli~ l:dhcerhedriirith~the~~C'ost"of 
various levels of attitude control versus antenna cost and complexity 
in order to obtain the system pointing of the antenna for 
communication. Structure and telemetry and command discussions mainly 
addressed requirements and possible approaches to obtain those require* 
ments. Also, addressed as a payload interface were the concerns of the 
operation of high RF power components in space (vacuum) and the impll* 
cations on the system testing. 

The Ground user Interface discussed the impact of the ground user 
operating with low earth orbit satellites and suggested possible 
configurations of Ground user RF power and Antennas and even possible 
changes to the spacecraft which could lower the total system cost. 


The Analyses in this report were used to generate a preliminary 
plan for the satellite which included recommended satellite 
specifications and a preferred approach for each specification. 
Preliminary design plans were also presented by the other^team members. 
The final resolution of the system trades are being executed sy the M-S 
system engineer in the MSS A specification. 
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1 . Introduction 

tjx* following report presents Bell Aerospace Systems Division s (BASD) 
affort on tha Phase I study of tha Multiple Satellite System Program 
(MSS?). The final product of this study -is tha Preliminary Design 
Report of a satellite bus upon which the MSSP burst radio and antenna 
are integrated. This final report will describe the various analyses 
and trades performed by BASD to derive the Preliminary Design report. 
This document will describe the selected approach, as well as 
approaches, ideas, and concerns which were analyzed and discarded. 

Section 2 provides a description of the MSS program and the objective 
of the total program and Phase I study. Section 3 presents an overview 
of the BASD approach during the Phase 1 study. Sections 4 and 5 
describe the trades end analyses nade by BASD as the satellite 
integrator during the Phase I study. The conclusions and 
recommendations of the BASD HSSP Phase I study will be discussed in 
Section 6. 


2. Multiple Satellite System Program Description 


This section presents an overview., of the Multiple Satellite System 
(MSS) to Justify the trades and analyses made and criteria used for the 
selection of the preferred approach. , 'This overview is not a complete 
description of the objectives and requirements of the MSS, but should 
be sufficient to provide ah understanding for this report. 


As stated in the Multiple Satellite System Program Management Plan, 
•The Multiple Satellite System (MSS) is a concept for a proliferated 
low-altitude system intended to provide a global packet communication 
network for data and voice. Its primary objective is to provide a 
highly survivable network that can continue to support a minimum level 
of communication services in the presence of intentional Jamming, loss 
of~ a significant fraction ofthe satellite* r and/c v~ loss— of the- 
terrestrial control funccions. A second objective is to provide 
efficient, wideband communications under benign conditions." 


Previous developmental work has concentrated on space segment 
configuration, preliminary antenna design studies, and link 
communications architectures. Applying this work to the design of the 
.'stellite system is the next logical step. The basic system would 
consist of approximately 240 satellites orbiting at a low earth orbit 
altitude of 350 to 400 nmi servicing a global user community of 200 to 
1000 users . The satellites would consist of the satellite structure 
and subsystems, a burst radio, an antenna for crosslink and up/down 
communication, and a network processor tc perform the system routing 
and control. 


• 1 * 


The key issue In a program such as - MSS Is the cost of tha satellite. 
Baeausa of cha quantity of sacallieas, Cha Individual satellite cost 
■use ba reduced. The eose of aarliar types of communication satalliCes 
can ba raducad for eve reasons: 1. small distances between sacallieas 

reduces satellite performance required and 2. large produceion build 
techniques can be used. ' 

Tha MSS program is a three -phased approach described as follows: 

Phase X: Establish a system definition and preliminary design 
Phase XX: Hardware davalopmane and tests 
Phase XXX: Full scale davalopmane of the MSS 

Designing a cost-effective system by examining the design areas and 
tradeoffs between hardware and software, or antenna and attitude 
control,, or antenna gain and radio RF power was tha goal off iJhase X. 
This was completed with the Interaction and technological expertise of 
several different contractors. The MSSP Phase I team members are 
listed in Table 2-1. The organizational structure of the Phase X 
participants is shown in Figure 2-1. MA-COM Linkable Incorporated was 
the system engineering contractor. Defense Systems Incorporated was 
under contract to examine the application of low-cost satellite design 
technologies to MSSP. . The contractor* were to help resolve the Issues 
arising in system definition. 


TABLE 2*1 MULTIPLE SATELLITE SYSTEM 
PROGRAM (MSSP) CONTRACTORS 
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3. BASD MSS? Study Overview 

• • iA%: r 

During tho MSSP Phase I study, BASD,. was d t earn member (contractor) 
involved with satellite integration. The objective was to develop a 
preliminary design of a low cost satellite for a high bandwidth global 
communication system upon which a burst radio, digital processor and 
electronically steerable antenna would be integrated. Production, 
testing, and satellite deployment techniques were also to be 
incorporated into the design. This objective was to be met by analysis 
and tradeoffs with the other MSSP team members , providing a means of 
iterating the satsllite, radio and antenna 'designs to reach a cost* 
effective solution. ..^Communication was maintained through telephone 
conversations , meetings between contractors, and working group meetings 
between all contractors. 

SASD's approach to the study was to address the issues and concerns 
identified at the working group meetings, or by 3ASD, in short memo 
fofh or system engineering reports (SERs) and distribute these to the 
ocher team members. It was hoped that this approach would maximize 
team communication and identify errors in any analysis, resulting in a 
thorough discussion resolving the Issues. The SERs, rewritten as 
synopses, provide the basis of this report. 

Table 3-1 lists the cities of the ^BASD . SERs. Tne SERs, listed in 
numerical drder, are also in chronological order. Letters indicating 
the area 1 of the MSS? design to which the— SER directly applies are 
located beside the SERs. Table 3-2 lists the area of design concern 
for each letter. As can be seen in Table 3-1, the application of the 
SERs varied throughout the Phase 1 study. Several SERs have almost the 
same titles, such as "MSSP Preliminary Power Analysis* and "Power 
System Second Cut". This is a reflection of iterations of the analysis 
as new information was added by the team members and working group 
meetings. This report discusses all analyse* results and SERs to 
describe what system trades were made. 


The sections of this report address either: a satellite subsystem, the 
satellite programmatic concerns, an Important Interface such as the 
antenna or the radio, or basic system concerns such as the satellite 
orbits. The topics are confined and to BASD's concerns as the 
satellite Integrator, although to the radio and antenna Interface many 
other fine analyses were performed by the other KSSP team members. 
However, this report will address only the narrow aspects of the design 
relevant to a satellite Integrator and BASD's work on this study. 


TABLE 3-1 

MSS? SYSTEM ENGINEERING REPORTS’ . 

dl>>! 2* <r ■ -»5- UW ■ l'' '* ' •** ‘ * . 


NUMBER:” 

DATE ' 

01 

03/04/86 

02 

03/04/86 

03 

03/19/86 

04 *' 

03/25/86 

05 

03/1 )/86 

06 

03/24/36 

07 

03/24/86 

08 

03/25/86 

09 

03/26/86 

010 

04/02/36 

011 

04/07/86 

012 

04/08/86 

013 

04/08/86 

014 

04/02/86 

015 

04/11/86 

016 

04/15/86 

017 

04/17/86 

018 

04/30/86 

019 

05/01/86 

020 

05/12/86 

021 : 

07/10/86 

022 

06/04/86 

023 

06/05/86 

024 

06/06/8 , 

025 

06/18/86 

026 

06/19/86 

027 

06/23/86 

023 

06/25/86 

029 

07/02/86 

030 

07/09/86 

031 

07/16/86 

032 

07/28/36 

033 

07/18/86 

034 

07/24/86 

035 

08/05/86 

036 

08/20/86 

• 

037 

08/25/86 

038 

09/12/86 


JlTLZr - DESIGN AREA 
Attitude Control vs Antenna Pointing 
Max Ant. Gain vs Pointing Error 
Solar Array Proj. Area vs Panel Tilt 
Satellite Dispersion * 

Antenna Point Geometry 
Antenna Radius vs Beam Steps 
MSSP Ant. Cain vs Range A Pointing Error 
Supplier Reliability Requirements 
MSS? Preliminary Power Analysis 
Spacecraft Antenna Strawman 
Candidate Gravity Gradient Scab. Sys. 

S/C Range vs Min. Ht. Above Earth Coma. 

MSSP Link Equation . . 

Battery Filter 
Satellite Lifetime 

Satellite Min. Range vs Altitude Delta 
Considerations on Dyn. of Slow. Spin. 

Gravity Gradient Stabilized Satellite 
Production Input on Requirements 
MSSP User Concerns " 

Spacecraft Orbital. Density 
Linearized Equa. of Act. Motion in the 
Stan. Orbital Reference Frame 
Power Systems Second Cut 
Att. Pointing Perform, of the Basic 
Gravity Gradient Stabilized S/C 
MSSP Oraltal Decay/Separation Study 
Radiation Dosage vs Shielding Depth 
Suggested MSSP Test Levels 
Att. Decern. ACont . HdwrROM' 3 for -MSSP 
Potan. Reduc. in Sys. Costs via 
Selective Increases in Element Costs 
Grd. Station Ant. User Elevation Angle 
MSSP Magnetic Considerations 
A Disc, of Orbit Selection Criteria 
Cal. of Rad. Dosage vs Mission Duration 
Preliminary TLM Listing MSSP 
Maximus Range - 

S/C Carrier Conflg. for Shuttle Launch 
Carrier Configuration to Accommodate 
S/C with 28 inch Antenna 

MSSP 100 Watt Operations Concerns I 

MSSP Impact of Satellite Size H 
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TABLE 3-1 (CONT.) 

MSS? SYSTEM ENGINEERING REPORTS 


039 

09/24/86 

Ground User Parameters 

F 

040 

10/17/86 

Inv. of Sys. Implic. of Insr. the 
Ho. of Common Nodes Between Two Points 

E 

041 

10/21/86 

625/675, Altitude Differential 

c 

042 

10/24/86 

Atomic Oxygen. 

G 

043 

10/31/86 

MSS? Solar Array Trades 

A 

044 

1/06/87 

Simplified Approach Toward Decay Orbit 

G 
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(US* ,.S TABLE 3*2 ' 

t- >- v,..-: MSSP SESTAREA OF DESIGN 

• j .'* - -.i : ■ .7 

As* ..a Power. subsystem •* vr ' v-**' 

B : Attitude- subsystem j ^ • 

C Programmatic concerns 

D , Satellite/Antenna interface — - 

E CoaaunicaCion system 

F Ground user interface 

G Orbit concerns 

H Satellite configuration 

I Satellite/Radio Interface 
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4.0 SATELLITE INTEGRATOR SYSTEM TRACES 

The satellite integrator system trades involve those areas of design 
which are not necessarily satellite hardware or payload but are system 
trades which affect the hardware. The primary areas analyzed during 
the MSSP Phase I study were the required satellite orbits, the impact 
of the ground user, the communication ranges vs. the number of satel- 
lites required, and the programmatic concerns which. can. drive the cost 
of the satellite system. 

Many of the topics analyzed affect several areas of concern, for ex- 
ample: the satellite's orbit selection will actually affect the ground 
user, the communication range, and the programmatic concern of the 
orbit environment (atomic oxygen and radiation). This makes a discus- 
sion of a certain topic under a specific area of concern somewhat arbi- 
trary. 


4.1 SATELLITE ORBITS 

- «. 

The orbits selected for the MSS program will, directly affect the de- 
sign, launch, and life cycle cost of the MSSP satellites. The altitude 
selected will affect the projected lifetime and the radiation and en- 
vironmental levels experienced by the satellite and payload. 

The number of satellite orbit planes and inclination angles, driven by 
the desire to obtain complete global communication, will increase the 
cost of launching the satellites. That cost can be much greater than 
the cost of the individual satellites. Therefore, a prime concern will 
be to maximize communication performance while minimizing system cost. 

4.1.1. ORBIT ALTITUDE 

The satellite altitude for this study was stated to be between 350 and 
400 nmi or between 630 and 740 lea. This altitude range is not a fixed 
specification but a starting point for the system analysis and is 

acceptable for~the communication miss ionv The prime concerhs of the — 

initial satellite altitude analysis were: 

a) Satellite lifetime: S years 

b) Sa: allies altitude differentials lass than 50 km 

e) Satellite launch cost 

Fundamental to this analysis was the necessity of establishing an 
approach for estimating the exoatmospherlc temperature. It is crucial 
for spacecraft drag and orbital decay estimation. 
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Implicit in ' the requirements to minimize. satellite launch. cost is the 
requirement eo minimize satellite altituda .. The coat differential to 
a a ingle satellite to.,, a higher altituda is not. prohibitive. 
However ^.tha cost to increase, the orbits of 240 satellite* will drive 
the total, system cost. ---vH .. rrt^tr •■-■tsfcr*. •<- 

The satellite's five year lifetime requirement damands-that the initial 
altituda. be. sufficient to -compensate for orbit decay. The requirement 
for satellite altitude differentials of less than 50 1m was, derived 
from the . antenna ccverage requirement of - the MSS? antenna. Whenche- 
altituda' separation between, satellites becomes fro wide, the. minimum 
range for communication becomes very large. When satellites are 
launched, . altitude differentials will exist due to errors, design 
offsets for dispersion, or replacement of failed satellites. The ini- 
tial altitude must be such that after five years, the spread of satel- 
lites due. to differentials of orbit decay does not exceed 50 Van and 
eliminate -valuable resources . During this analysis calculation^ will 
be made. for a seven year satellite orbit lifetime. The lifetime re-- 
quirement of the physical spacecraft is five years. 

4. 1.1.1 EXOATMOS PHERI C TEMPERATURE AND ORBIT DECAY 

The purpose of this analysis was .to determine the initial average 
circular orbit altitude and relative Altitude spacing between a pair. of 
satellites placed into circular Earth orbit beginning in 1991. Var- 
iable solar activity during a seven year mission and its affect on 
orbit decay rates were also considered. 

The dynamics of orbital decay are necessarily related to the dynamics 
of atmospheric density, which can be represented in the daily 
observation of the 10.7 cm solar flux (F10.7) and geomagnetic indices 
(Ap). The prediction of daily variations in F10.7 can not be accomp- 
lished with any acceptable level of confidence, but a running 13 month 
average of these values has shown some historicalr - significances bong 
range prediction of other solar disk activity for the purposes of orbLt 
lifetime studies rely heavily on statistical prediction techniques 
based on these historical trends. Long range information is available 
from Marshall Space Flight Center's (MSFC) Atmospheric Sciences Divi- 
sion providing a smoothed 13 month prediction of the F10.7 solar acti- 
vity, and Ap geomagnetic indices. This information is periodically 
updated, , and the information contained in the MSFC report of April 14, 
1985 was- used as the most recent data for this analysis. 

Figure 4-1 shows the calculated average oxoatmospheric temperature 
generated from the above information. This curve represents the diur- 
nal (day/night) average of temperature fluctuations as well as the. 
Influence of the geomagnetic index. The mechr.d of exoauaospherlc temp- 
erature calculation follows Jacchia^^ (1977) and illustrates a 
temperature maximum (cycle 22) caking place in Mt.y of 1992, and 


decreasing steadily through 1998. The empirically computed percentiles 
of 2.3, SO, and 97.7 percent exoatmospheric temperature are excrapol- 
ated based on the past 20 rolar cycles. In addition, the estimates of~ 
exoatmospheric temperature are based on an~assumed mean sun cycle per- 
iod of 11 years.- The plus/minua two standard deviation of sun cycle 
period range from -9 to 13 years producing a stretching or compression 
of the temperature profile of Figure 4-1. r 

To perform a strict prediction of the orbital decay rata requires the 
inclusion of a time -dependent relationship between the' solar activity, 
exoatmospheric temperature, and atmospheric density. However within 
the scope of this study, three "constant* exoatmospheric temperatures 
(1400, 1100, and 900 deg K)~ were assumed throughout the mission life. 
Values were predicted from Figure 4-1 and maximum temperatures obtained 
during the Hay 1992 maximum for each of the three confidence intervals. 
MSFC recommends the use of the 97.7 percent confidence interval temper- 
ature (1400 deg- K) ’ for the calculation of orbit lifetime assuming that 
the actual lifetime of an orbiting satellite will meet or exceed the 
calculated lifetime in 97.7 percent of all cases-. On the other hand, 
by noting the approximate linear decay of- the three exoatmospheric 
temperatures shown in Figure 4-1, it may be assumed that the 50 percent 
temperature of 1100 deg K represents the approximate average of the 
worst case exoatmospheric temperature of 1400 deg K over the period of 
investigation, and can be considered as representative of the most 
likely median temperature over a mission . life of seven years. The 
higher/loweft temperatures are shown throughout the analysis to indicate 
the sensitivities and impact of solar flux on the analysis. 

Figure 4-2 illustrates the orbital decay races following the method of 
King-Hele(2) for the three statistical exoatmospheric temperatures men- 
tioned above. Density and scale height values were taken from Jaechia 
(1977) for each of the altitude constants descriptive of each decay 
curve. The range in initial altitudes diverges as time from reentry 
and temperature increase accounting for the increased density present 
at the higher altitudes. These orbit lifetime curves are plotted again 
inFigure 4-3 using semilog coordinates . The dashed linear elate toa 
A/M of 0.1 (M^/kg) , and a Cd of 2.2 The orbit lifetime values above • 7 
years should not be believed due te the lack of long range solar acti- 
vity data predictions to support this period. 

Figures 4-4 through 4-12 illustrate the average circular altitudes and 
relative separation decay races of a pair of satellites placed on orbit 
in 1991 for the three "constant" suns mentioned above. Three circular 
orbit separation distances of 10, 30, and 50 In are assumed for each 

"constant sun* between the two satellites at their initial orbit place- 
ment. The appropriate initial average altitude would be selected based 
on an assumed maximum allowable spacecraft to spacecraft altitude se- 
paration, which is a function of inter-satellite antenna pointing re- 
quirements, as well as satellite replacement driven primarily by the 
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desired mission lifetime. The maximum allowable inter* satellite separ- 
ation and initial average circular altitude will be derived based on 
future analysis, and are unknown at this time. Presuming that these 
values were kra.*n, the orbit selection would follow directly from 
Figures 4-4 thrc 4-12. For example, looking at the "hot sun* shown 

in Figure 4-4 and choosing a mission ' lifetime requirement of seven 
years and a maximum allowable separation of 30 km would produce an 
initial average circular altitude of greater than 700 km. 

It can be concluded that with the constant exoatmospheric temperature 
approach taken here, the most probable orbital decay rates are repre- 
sented by the 1100 deg K temperature profile for the solar activity 

period of '1991 to 1998. From a viewpoint of a median analysis, the 

1100 deg K sun produces a probable (SO percent) initial starting alti- 

tude of between 625 ka and 675 km circular altitude for a probable 
initial inter-satellite altitude difference of 30 km. Since the pre- 
dictions of orbital decay are so dependent upon exoatmospheric tempera- 
tures which are not easily or accurately predicted, this analysis will 
have to be updated later in the MSS program. However, this analysis is 
sufficient to establish the Initial satellite altitude for the MSSP 
preliminary design. 

4.1.2 - SPACECRAFT ORBITAL DENSITY 

Once the spacecraft altitude had been selected, the number . of orbit 
planes the number of satellites petr" orbit must. be^axCalyz^d ’to as- 
sure that global communication coverage is possible. This cursory 
analysis was performed to assure that the suggested distributions would 
meet the performance requirements and that unforeseen system require- 
ments did not exist. The initial spacecraft distribution assumed from 
a previous study (ESL-TM1632) called for 90 spacecraft at 27.5 deg 
inclination, 90 at 57.5 deg, and 60 spacecraft at 90 deg. This distri- 
bution and another suggested by BASD were examined for their impact of 
the communication ranges. The conclusion derived from this analysis 
was that unforeseen system problems did not exist, but that the 
communication performance could be — enhanced with additional^ satellite- 
planes at higher inclination angles. 

4. 1.2.1 ORBITAL DENSITY ANALYSIS 

The ideal distribution of spacecraft for total global coverage is given 
by a density is 

f.. - 240 - 19. 1 SPACECRAfT/STERIDAN 

4tr 


The distribution of spacecraft as a function of latitude ( X ) is given 
by the area integral of the density function 
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The distribution is Che total number of spacecraft between die equator 

22 SSuSSj. x. n. W*1 “* ^•^Ibuclon.r. 

in pizura 4 . 13. The ideal distribution curve decreases in slope 
SSTiicrlaSS latitude because of the curvature of the Earth. Each 
Uo 1 .»r„c“uclSrT..r th. pol. result, In. ...liar ara. than a 
corresponding increment near the equator. 

The spacecraft density is fundamental to determining the ‘"S" 1 *?- spac- 
ing <f M ) between spacecraft as measured from the center of the Ea^th 
and the intersatellite range (Ru) to the nearest neighbor. It ts nach 
eoatically impossible to place an arbitrary, number of spacecraft around 
che globe^with uniform spacing between them. However, it is possible 
ea nlace 468 12 , or 20 spacecraft uniformly about a sphete by 

tta. it iha cratar. of th. fact o£ on. of th. fiv. rajular 
ralyron.. A unifora dlatrlbutlon of 240 »?.c.cr.£t can b. 
bv taking a hexagonal pattern, which is Che most dense packing pattern 
Sat ctn be placed cn a plane. This pattern gives 6 nearest neighbors 
to each spacecraft, each at an angular separation 8» and 60 deg in 
azimuth from each ocher. The angular separation for 240 spacecraft is 


$p — 


180/* 


- 14.1 deg 


J tu sin 50 

Thf intersacellite range is 


' • • f 


2 (RE ♦ H) sin - 1724 km 

2 


- 6378 km and the spacecraft altitude 


vhere the Earth's radius is RE 
is H— 650 km. 

'•“Sli axeapt In ra .a~i. atnc. no 240 ,ldad polyhadron 

exists Second, even if the ideal density could exist at one point in 
cS“ irbli Jynialc. .Ill constantly b. altarln, ch. ranj.a bawaan 
spacecraft, thereby altering the local densities. 

Th. urinary obj.cciva In ..laerlon of orbit, for KSSP 1. to provid. a 
non. to llatlon that ...raja. th. tin. rad .pace dapandant variation. In 
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density. To achieve this objective, the dependence of density on in- 
clination is examined alone. In_order to do this, it is assumed that N 
spacecraft are all at an inclination i and that the it longitudes of 
ascending nodes and. true 'anomalies are uniformly distributed. This 
results in a spherical shell of spacecraft between north and south 
latitudes equal- to the inclination angle. Continuous analysis is Just- 
ified in the limit if N is very large or if the time average over many 
orbital revolutions is considered. The density (f) as. a function of 
latitude (A) for this inclinations is 
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The corresponding distribution is found by integration of the density 
functions 
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These density and distribution functions are plotted in Figure 4-14 for 
the deployment inclinations that were proposed in ESL-TM1632. This 
deployment consisted of 90 spacecraft at 27.5, 90 at 57.5, and 60 at 
90. The density at low latitudes is very close to the ideal-uniform 
density and then rises to a spike as the latitude approaches 27.5. 
This spike reflects the fact that the orbits of spacecraft at the same 
inclination bunch together at . north and south latitudes near their 
inclination angle and spread apart near the equator. The density func- 
tion drops sharply to 9.9 spececraft/steradian as the latitude 
increases past 27.5, because the 90 spacecraft associated with the 
lowest inclination orbit are alL. to the South and can no longer 
contribute to the total density. The density then slowly increases to 
a second spike at 57.5 before falling to e global minimum of 5.5 space- 
craft/steradian. The intersatellite range Just north of 57.5 latitude 
is of interest. Looking to the south, the density is high where the 
57 5 inclination orbits bunch together, whereas looking to the east or 
west, the density is only 5.7. The angular spacing between spacecraft 
in the east-west direction is ^ •' ■ v — ~* : ‘- 
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Figure 4-14 ESL-TMl 632 Distribution and Oensity of Spacecraft 
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9 - y fu/5 .7 » a - 25 . 9 dag 

which corresponds to an. inters ate Hits range of 


E - 2(R* + H) sin - 3148 

2 


a. 

* 


for a 650 km altitude orbital shell. Finally, looking » the north. 
£ ‘d£2£ ^ belov * until latitude 80 * 8 

farance is 23.3, which corresponds to a range of 2843 km (1535) tan at 
an altitude of 650. km (351 nm) . , 

An - ltarn - t , sec of inclination angles was investigated in an attempt 
to alleviate the range requirement at high latitudes. Th* alternate 
constellation uses four inclinations rather than three, and consists of 
integer multiples of 24 spacecraft in each plane for comparability with 
a proposed carrier vehicle. The inclinations and number of spacecraft 

are as follows: \ 


• x 


i 

Hi 


28.5 

48. 


57 

72 


70 

72 


90 

48 


ploya«nc°»CE»e«gy U t^*’*lt. In « dUtrlbnclon '"f'V* 4 ' “J* ' 
follows the ideal sine function, and that the minimum density is 7.1 
£?£ 2™ .. oppo,.d to S.7 for th. orUln. d.pl.^.nr r . ; 
— nario . Nov consider the- east-vestrange from Just north of 70 N lati ^ 
tude. The angular spacing between spacecraft in the east-west direc 

tion is 


I - 


J fu/7.1 8 tt -23.1 


For a 650 km altitude spacecraft, this corresponds to an intersatellite 
range of 


R - 2(R£ ♦ H) sin L • 2813 ta 

2 

which is not much smaller than the East-Vest range at 57 + latitude for 
2. original case. However, considerable improvement has been achieved 
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for * Northward looking antaima. The density equals. f when the Uti- 
cuda reaches 82.7 N. The latitude difference is 1-./, 'hich 
corresponds to a range of 1553 Km <838 nm) acran altiw^ of 650 ft. 
<351 nm). Consequently North-South communication Uruts at high ^atl 
cuues are facilitated using- the alternate set of indications. East- 
West links are not substantially different and will tend to follow the 
lines of spacecraft bunching at latitudes near the inclination angle of 
a particular shell. 

The conclusion to this analysis are: 

a) Both of the possible deployments of satellites would provide ade- 
quate communication performance with no major system or satell.te 
concerns . 

b) The satellite density will tend to increase at the latitudes equal 

to the orbit inclination angles. » 

c) More uniform distribution may be obtained with more satellites at 
higher inclination angles. 

d) An approach has been presented which may be applied to obtain a 
fi-st eut evaluation of spacecraft ..density of various deployment 
schemes or to evaluate deployments- which might accentuate 
communication ac particular latitudes ♦ ■ 

e) The final resolution will depend upon the cost to obtain uniform 
density or what level of uniform density is cost effective. 

4.1.3 SPACECRAFT ORBITAL DISPERSION 

The deployment of many satellites with varying orbit planes and varying 
inclination angles Is necessary in order to obtain a global 
communication system. However, the cost of dispersing -240-satellitea 
into many orbits will be prohibitive for a -'low cost system, if the 
satellite orbits are obtained by separate launches. One approach for 
the dispersion of the MSSP satellites is to launch the satellites_with 
reduced* 1 cost in a group from either an Extendable Launch Vehicle (ELV) , 
or shuttle and then deploy them at varying altitudes or inclination 

angles . 

The variation of the altitude of satellites will cause the satellites 
« \Ip«tte tool .» ch other. The altitude difference with different 
radial velocities will cause the satellites to «P*r»« within the 
orbit plane. The external torques from the earth will cause the orbit 
planes of satellites at different altitudes to regress *! n ! «««! 
rates. Inclination angle differences will also cause different regres 
sion rates. The latter phenomenon is called nodal regression. 


ft 



The spacecraft velocity with altitude Is: 

‘ . V - Re x «qr( g / (Re+h) ] 

.. j : where: Re - Earth radius 

* fg . _ . h — satellite altitude . 

. . <jv : • -o'.- . - = jbs_- - • g;»* acceleration of gravity 

The spacecraft orbit regression rate vs. altitude, and Inclination Is: 

Q - -10 x { Re / fRe+h) ] A (7/2) x cos( A1 ) 

• , 

where: A 1 - satellite Inclination angle 

Figure 4-16. shows the satellite velocity variation vs. altitude. Fi- 
gure 4-17 shows how satellites would separate in die orbit plane due 
to velocity differentials (altitude) reference to an altitude of 300 
ka. Figures 4-18 and 4-21 show the change in nodal regression and the 
separation In orbit node for satellites at varying altitudes. * 

Dispersion of satellites can only be obtained at a cost. The above 
equations and Figures 4-17 through 4-21 state that the cost could be 
tine rather than the dollars to pay for the many launch vehicles. 
Since the launching of 240 satellite via ELV would require an extended 
period of tjjga, the trade of time vs. dollars is jnot a straight forward 
exchange.- Especially if the launch vehicles are not immediately avail- 
able for trade considerations. 

Figures 4-22 through 4-26 show how 60 satellites, launched 20 at a time 
every 3 months with 0.15 deg of inclination separation between satel- 
lites of a launch group, would disperse after a 12 month period. The 
white areas in the figures show the areas on tne ground which have a 
satellite within view (10 deg ground user elevation angle). After a 12 
month period, the only shaded areas are at the earth poles. The illus- 
trations in Figures 4-22 through 4-26 are not meant to show how 60 
~~ satellites will provide a global — communication; — because -many other 
parameters must also be analyzed. However, these figures show how 
three launches of the small MSS? satellites could provide wide satel- 
lite dispersion. 

The dispersion of Figures 4-22 through 4-26 was obtained through in- 
clination angle variation. If the satellite nominal inclination angle 
la low, then altitude variations would be the best method of obtaining 
dispersion. For high nominal inclination angle orbits, the use of 
inclination angle variation would be best. 

This analysis does not have a final conclusion because it depends upon 
the final orbits selected for the communication system capability. 
This analysis was performed to show that an alternate, possibly Lower 
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Figure 4.21 Nodal Regression Separation of Satellites Versus Altitude (Al - 






BASIC *$SP AC7V0BI DISPERSION SHOWN 
ASSUMES: 

• 3 LAUNCHES Of 20 SATELLITES EACH 

• LAUNCHES OCCUR AT 3 MONTH INTERVALS * 

(EG.,0 «0.. 3 MO., ind 6M0.). 

• 3 ORBITS INITIALLY PUCEO WITH RT. 

ASCENSION Of THE ASCEKOING NOOE AT: J 

-- 1st LAUNCH • 30°V 

2nd LAUNCH • 90° E 1 

3rd LAUNCH •150°H 

NOMINAL NSSP ORBIT AT $7° ANO ' 

B75KM r 675AM. 

l 

SATELLITE OISPERStON VIA 0.15° 

INCLINATION SEPARATION BETWEEN 
AOJACENT ORBITS. 

• MINIMUM OROUNO STATION ELEVATION * 

ANGLE • 10- . 

• SHAOEO AREAS: NO GROUND COVERAGE 

1st LAUNCH AT 0 MONTHS . TOTAL ON-ORBIT • TO SATELLITES 


q Figure 4-22 Satellite Dispersion/Ground Coverage First Launch to 0 Months 

A/N 7B21*io 




• 2nd LAUNCH AT 3 MONTHS. TOTAL ON-ORBIT • 40 SATELLITES 

. Shaded Area: No Ground Coverage 

Figure 4-23 Satellite Dispersion/Ground Coverage Second Launch 3 Months 












Figure 4-26 Satellite Dispersion/Ground Coverage 12 Months 


cose, method. exists for the deployment o£240 satellites ^.Jie.MSSP. 
The final resolution ci the trade between separate ^satellite launch and 
thin method of disperjion will,, depend,, upon the final analysis of the 
desired satellite orbits." for communication > performance and. launch 
costs. However,'. us vill be seen in.section 4.1.5, the cost of .separata 
launches will, be vso prohibitive that a group method of launch is essen- 
tial. •• - - 

4.1.4 SPACECRAFT LAUNCH STRATEGIES 

Section .4.1.3 discussed the technique of satellite nodal regression and 
how this approach could perform the satellite dispersion necessary to 
•deploy 240 MSSP satellites for global communication. Once this techni- 
que was established, a means of implementing the final satellite orbit 
deployment: was: investigated. The orbit selection and delivery analysis 
for' the. establishment of an MSSP satellite network highlighted the need 
for a carrier .vehicle to perform the final orbit transfer and initial 
satellite orbit- placement maneuvers. This orbit selection criteria., 
yields a preferred method of establishing the orbits by imparting a 
constant separation of : orbit inclination between satellite orbits to 
produce a dispersion in longitude of .. ascending node and true anomaly 
position of each satellite. Using the methods described in this sec- 
tion. the total amount of delta { i) (inclination) required to place N 
satellites on orbit is r a . function 71 trf-- the relative nodal regression 
rates to -achieve a select orbit dispersion in a given period of time.. 

For this analysis-, the maximum delta v capability of a reusable carrier 
vehicle is sized for 20 satellites injected initially into a 300 km X 
300 km, 57 dag parking orbit with a desired Earth centered lunge angle 
of 3.25 deg in approximately 6 weeks. This yields an equatorial cross 
range separation of 400 km between satellites having a minimum "lapping 
period" (the time required to produce a 360 deg relative true anomaly 
rotation between the first and final satellite placed in orbit) of six 
v«tki. " 

4. 1.4.1 MSSP LAUNCH STRATEGY ANALYSIS 

The relative movement of a MSSP system of circular satellite orbits can 
to the first order be described by a set of particular perturbed orbit 
•phemerides for each of the , satellite orbits. The orbit shape and 
orientation can be defined using classical Keplarian orbital elements. 
For a circular- orbit, these are - ~ 


1) orbital- radius (r c ) 

■ \ . a- .-/’amp *. . 

2) ‘ orbit eccentricity (e) 


3) orbit inclination (i) 


.orbit shape 


orbit orientation 
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O — 4) longitude of ascending node (0) ) 

5) true anomaly (M) : satellite post cion in orbit plane 

A variation of circular orbital . elements applied to the MSSP system of :, 
satellites will: produce advantages and disadvantages affecting global 
O - coverage and network utilization as * veil ~ as mission lifetime.' and pro- 

_ gram cost. The major network and program influences produced from the . 

perturbed orbital elements are briefly summarized below: 


© 


© 


a 


CHANCE IN. CIRCULAR 

ORBIT ELEMENT * “ : ADVANTAGES DISADVANTAGES 


1) Increase- Increased nodal re* Aprisidal rotation causes 

eccentricity gression race greater large variation in inter* 

global frequency satellite altitude ... requiring 

■ increased elevation beamvidth 


2) Decrease/Increase 
Inclination 


Nodal regression in* 
creases/decreases 
as inclination 
decrease/increases 


Requires multiple 
launches or substantial 
cn-board propulsive capa* 
bility (eg SRM) 


3) Decrease*brbital 
altitude 


Nodal regression de'-’ Multiple launches or on* 
creases - board propulsion is 

required. Broader eleva- 

tion beamvidth required 
— — for some altitudes. Shorter 
mission. life expected. 


e 


4) Longitude of Greater global Multiple launches or sub- 

ascending node frequency scandal on-board pro* 

— pulsion— 

Jhe production of an eccentric orbit (Item 1) quickly expands the MSSP 
antenna beamvidth elevation requirements without producing large nodal 
regression rates. An eccentricity of 0.Q028 with a perigee altitude of 
675 km will produce a 20 km- apogee altitude increase, while yielding 
only a 6 x 10-5 deg/day relative nodal rata with respect to a circular 
orbit of 675 km altitude. Similarly,.: a change in the circular orbit 
altitude (Item 2) between adjacent satellites (although producing lar- 
ger races than an eccentric orbit) will adversely increase the satel- 
lite elevation beamvidth with relatively small nodal regression rates, 
here a 20 Voa circular altitude differencs will yield only a 0.037 deg/* 
day nodal rate relative to the reference 675 km circular orbit. This 
will be seen as insufficient in meeting MSSP mission requirements in a 
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discussion. IttB & can bo s umma rily dismissed bacausa of the 
staggering launch, costs" associated in discrete satellite placement for 
the 240 elements. Therefore, this study will address the establishment 
of the MSSP network, using a perturbation method involving the separa- 
tion of satellite orbits via small inclination changes. 

4. 1.4. 2 MSSP DERIVED LAUNCH RE^UISPMBITS 

Deviations in discrete orbital elements may he produced via the initial 
orbit placement of a satellite or with perturbation forces applied to 
che satellites while in orbit (l.e. thrusters rockets, etc). The 
appropriate selection of required saCw llte orbits will depend on mis- 
sion objectives and requirements set forth for the MSSP. The following 
general requirements are assumed for this analysis. 


a) two orbit inclinations of 57 and 80 m . 

b) network consisting of 240 satellites 

e) STS baselined as stage "0" 

d) mission orbit lifetime of seven years (satellite lifetime 
baseline is 5 years.) 

e) minimize launch and production cost/satellite 

f) maximize global coverage 

g) maximize the effective use of network satellites 


Item d) drives the selection of the appropriate orbital altitude to 
achieve the mission life and has been discussed in section 4.1.1. As a 
result of this analysis, the preliminary_deteraination of the initial 
circular orbit altitude to achieve a 7 year mission is between 625 km 
and 675 km, which requires an orbit raising to be performed from the 
STS operational altitude of 300 km x 300 km. In keeping with item e) . 
the satellites have not been designed to contain on-board propulsion 
capabilities, therefore an orbit transfer carrier seems appropriate. 

— This carrier— may be— thought- of — as reusable - " smart " _ ( 1_. e. thre e - axis , 
restartable engines) or' expendable * "dumb" (spinner, SRMs), or a 
combination thereof. Preliminary packing layouts show a carrier 
capacity of 24 MSSP satellites for the reusable and 20 for the expend- 
able carrier designs. This high density is necessary to limit the 
recurring launch costs to establish the network and, provides suffi- 
cient numbers of satellites per launch to establish a basic system in a 
reasonable period of time. At this capacity it would take approxi- 
mately 10 to 12 launches to establish the network of 240 satellites. A 
launch rate of 3 to 4 launches per year produces a time-to-completion 
of the network of approximately 3 to 4 years. The element and program 
costs for each carrier approach have been given preliminary examination 
in Section 4.1.5, Space Launch Cost. 


The length of time to completion of the network of 240 satellites has 
t a advantage of selecting the initial right ascension of Che ascending 
node displacement wich each launch. Ideally it can be shown that three 
polar launches with 120 deg separation in ascending node and wich 
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randomly distributed true anomalies among each complement of coplanar 
satellites will produce equatorial cross ranges which preserve the 
east-west intersatellite link. However, this basic system is subject 
to mortality, hostile threat, "clustering” around, the poles at the 
common intersection of the orbital planes, and requires active satel- 
lite station keeping to prevent. . "bunching" of the satellites -a situa- 
tion created- when adjacent.. satellites have slightly differing orbital 
periods and collect in similar .true anomaly position. To prevent this 
and lessen the network degradation via threat and mortality, the satel- 
lites are positioned in orbits spread, in longitude of ascending node, 
and true anomaly position. The required orbit- perturbations to dis- 
pense each launch of the 20 to 24 satellites, as well as the orSit- 
ralslng energies to establish the initial, circular orbit, are relegated 
to the carrier vehicle and will vary depending on the carrier design 
capabilities. 

4. 1.4. 3 CARRIER VEHICLES 

A) "DUMB" CARRIER ' . . 

- ... a. 

In general, the greater the orbit placement flexibility required of the 
MSS?, the greater the complexity of the carrier vehicle. A simple 
"dumb" (e.g. spinner) carrier may contain back to back solids located 
along the spin-axis of the vehicle. The carrier with its 20 satellites 
would maintain coarse attitude during the orbit raising via momentum 
biasing created during an initial spin-up maneuver created; us ingi small 
spin-up rockets. To maintain a low recurring cost, a command and tele- 
metry link is eliminated and an on-board sequencer commands the firing 
of the perigee solid rocket motor (SRM) with a set time delay for the 

firing of the apogee circularization SRM. Once the delivery orbit is 

established, the command sequencer would then initiate the simultaneous 
release of all 20 satellites. 

There are a number of undesirable results of this design. The carrier 
lacks attitude knowledge and control functions and is therefore incap- 
able of aut ono mously establishin g the correct iner tial perigee bum 
direction and must rely on t^ie shuttle to preselect~the carrier burn 
attitude and minimize RMS deployment hand-off errors (a "frlsbee" type 
of deployment with a more sophisticated cradle may help here) . These 
errors at deployment would translate to apogee/perigee errors whereby 
the target final orbit altitude may be missed. In addition, a "dumb" 
carrier can not measure or correct for the three-sigma variations in 
total impulse of the perigee bum. The net result is the likely deli- 
very onto rn initially undesirable orbit; an orbit which may not gua- 
rantee mission lifetime and is overly eccentric to reduce network util- 
ization.. Finally, with the above scenario, the "dumb" carrier is not 
able to provide selective orientation or discrete timing for release of 




•ach MSSP satellite necessary Co produce efficient dispersion of satel- 
lite ascending nodes and true anomalies. Preliminary estimates show 
that the simultaneous release of the satellites from a spinning carrier 
will produce eccentric 'bunching* of satellites reducing the use of the 
network and having the potential, at high release spin^ rates, to pro - 
— d ue s periodic inter satellite altitude differences which excaea the 
beemwidch capability of the MSSP antennas. 


B) AUTONOMOUS CARRIER .... . . 

An alternate approach involves using a smart carrier vehicle w icMa 
rescar cable liquid propulsion system. Attitude knowledge wcuid be 
maintained with on-board three-axis capability following STS reference 
initialization and RMS deployment from the shuttle. The orbit raising 
and circularization would be performed using a continuous low- thrust 
maneuver incurring less chan 2 percent delta-V penalty (good up to 
h<2000 taa) when compared to the Hohmann impulsive transfer. The ass* 
deployment sequence is accomplished using a satellite placement onto 
discrete orbits which are to be achieved by the carrier vehicle prior 
to satellite orbit placement. 


Each successive satellite would be placed in an orbit separated from 
the adjacent orbit in. -inclination ( to. , rtoduce nodal dispersion) and 
eccentricity (to produce true anomaly separation). The dispersion in 
true anomaly would produce a "lapping" effect created by the sligntly 
V different orbital periods 'in which adjacent satellites would exhibit 
$ large lapping periods. The shortest period would exist between the 
first and last satellite deployed where the largest relative rate is 
created. To avoid a loss in resolution of. two satellites when viewed 
from a ground site ( a minimum equatorial cross range of 400 Vm separa- 
tion at an orbital altitude of 675 km is required) the relative nodal 
±-- regression .rates between the satellites with the shortest lapping per- 
iod should ^selected to prod uce the minimum required separation in 
the minimum lapping period. 


For sizing the liquid propulsion tankage, the magnitude of the velo- 
city maneuver to produce adjacent discrete orbits with the appropriate 
relative nodal regression races should be kept as small as possible. 
Figures 4-27 and 4-28 show a preliminary analysis for a "smart" carrier 
vehicle at 57 deg end 80 deg inclinations carrying 24 satellites. 
Figures 4-29 and 4-30 demonstrate the effect of a reduction in the 
number of satellites if 20 are carried to orbit. The analysis shows 
that a maximum carrier delta-V of approximately 5.0 m/sec (4.9 m/sec 
normal to and 20 m/sec tangential to the velocity direction) between 24 
successive MSSP satellite placements Initially at, the 57 deg inclined 
orbit will produce the minimum desired separation b-tween the first and 
last satellite from a given carrier load in approximately a *1* week 
lapping period. The inclination difference 
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igure 4-27 Minimum Tima to Frst Satellite Lapping Versus Se paration Velocity Components (Ai_ 
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Figure 4-29 Minimum Time to First Satellite Lapping Versus Separation Velocity Components (Ai » 
80° 24 Satellites) . . - ; ~ ; * . '• 



Figure 4-30 Minimum Time to First Satellite Lapping Versus Separation Velocity Components (Ai ■ 
jg Satellites) ■ 
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between che first and last aacallica is about 0.8 deg wich a final 
orbit. eccentricity of 0.00128. Adjacent orbits are separated by 0.038 
deg in inclination and 0.0000533 in eccentricity and would lap each 
other in approximately 2 . 3 ..years . ' As time progresses, the relative 
separation cross ranges increase at a constant rate creating a separa- 
tion .between adjacent satellite . orbits of 400 km in this same 2.3 year • 
period. 

Larger delta-Vs produce shorter lapping periods for a given minimum 
separation or larger separations in a given lapping period but at the 
expense of greater amounts of on-board fuel. Having completed the 
placement of the final MSSP satellite, the " smart- carrier vehicle 
would perform -a plane change orbit lowering and nodal alignment to 
return to the STS park orbit for retrieval and return to the ground for 
r e f ur b ishment . 

4. 1.4. 4 CARRIER FUEL REQUIREMENTS 

Using a hydrazine liquid system sized to the maximum deTta-V 
capability, the estimated total amount of fuel to perform. the above 
mission (with a 900 kg dry carrier) is 710 kg. Using a bi-propellant 
system reduces this figure to 500 kg. Roughly two- thirds of the fuel 
is used in the initial orbit- raising and circularization maneuvers and 
could be replaced in total or in part with a hybrid design combining 
.olid rocketsnotors and ' the liquid system. The Solid, Rocket Motors 
' (SRMs) size would be on the order of two Star-24 motors to perform the 
initial orbit- raising. Wich the current tankage capability of the 
preliminary smart carrier design, they are not an advantage. 

4. 1.4. 5 LAUNCH STRATEGY CONCLUSIONS 

The requirements of establishing the MSiP network of satellites in an 
efficient, flexible, and timely manner point to the need for a smart 
carrier vehicle. This carrier must provide for an orbit- raising 
-circularization maneuver with relative — satellite-mo-vement_coatrol. via — 
dispersion of nodal regression races and randomized true anomaly loca- 
tions for adjacent satellite orbits. Furthermore, this carrier should 
be retrievable and refurbished to minimize total program cost f^r esta- 
blishment of the MSSP network. 

4.1.5 SPACECRAFT IAUNCH COST 

The cost of the'total system is Important to the requirement of a "low- 
cost" global communication system. The satellite and payload will be a 
large cost factor for the system, as well as the satellite launch. The 
total cost of the MSSP system . will be dependent upon the cost per us- 
able communications node in orbit. We wish to use low cost elements 
(e.g. radio, antenna, spacecraft bus, launch vehicle) but only to the 
extent chat this results in a cost- effective number of usable nodes in 


orbit. Minimization of the. cost of each. element may impact the total 
system cost greatly. <T- 4 - • •:"=-* ■ 3 

The spacecraft launch cost will depend upon two factors: the launch 
vehicle and the size of the ^.MSSP satellite. The launch vehicle cost 
depends uoon the type of vehicle and the effort needed to place the 
satellites in their final orbits. The spacecraft size will impact the 
number of satellites which can be ^launched per launch vehicle. If an 
expensive launch vehicle can launch more satellites at a mors effective 
cost per satellite, or if smaller satellites can be launched in larger 
numbers per launch, the total system cost goal can be achieved. Also, 
the means of -obtaining the final orbit required for the satellites will 
impact the cost of the launch system. 

- - - • - • - 

4. 1.5.1 LAUNCH VEHICLE COST . _ 

The first process in the analysis of launch cost was to gather a data 
base on the cost of the possible satellite launch vehicles and co-esti? 
mate the number of satellites which could be launched per vehicle. 
Flg’ire 4*31 shows the possible MSSP -launch vehicles with the estimates 
of satellites per launch and the estimated ROM cost per satellite for 
several possible launch inclinations. A conclusion from this figure 
is that shuttle launch configuration would cost about $2M per satellite 
and ELVs about $4 to $7M. If the cost of the satellite and payload- is 
less than $1 to $2M, then the cost- of the system launch will be 
considerably more than the satellites. The shuttle is the lowest cost 
launch approach indicated in Figure 4*31. 

4. 1.5. 2 SATELLITE SIZE IMTACT 

Size estimates for the MSS? -satellite diameter — has-been -from! 8 to28- 
ln. The main consideration for determining the satellite diameter is 
the ante nna size requirement. Antenna size is a trade between the 
necessity of. attitude control and antenna capability. A sophisticated 
attitude control system would allow the use of a simpler antenna design 
which would scan the entente beam in azimuth. A simple attitude 
control system might require a more complex and larger antenna. There* 
fore, the satellite launch will have an impact on the antstma/attittude 
trade. Satellite size will also impact launch cost. A larger, heavier 
satellite will cost more to launch. A larger satellite will reduce the 
number of satellites capable of being launched per shuttle or ELV 
launch. In terms of shuttle launch. Figures 4-32 and 4-33 show a 
three -point curve based upon an analysis of three possible spacecraft 
diameters for the number of spacecraft per launch and the projected 
cost per launch {not including the . cost of a an Orbit Maneuvering Veh- 
icle (OMV)or carrier). The conclusion is that satellita launch cost 
will be substantially impacted by _ satellite size and the 
attltude/antenna trade must include the antenna size impact. 
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figure 4-31 Possible MSSP Launch Vehicles 
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Figure 4-32 Satellites Per Launch Versus Satellite Diametef 
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4. 1.5. 3 ORBIT ACHIEVEMENT COST' . 

The shuttle- launch cose described In secdon 4. 1.5.1 lisced Che cose of 
an OMV which booses ehe MSSP satellites to . their final orbies. Two 
method? of boosting che ; spacecraft from ehe -300 .km .shuttle orbit co the 
475 km operational orbit 'were described in Section 4.1.4. The less 
expensive booster is an expendable spin-stabilized stage using two 
solid motorsr The more expensive booster is a recoverable three-axis 
stabilized stage,, using _ hydrazine thrusters. , The following element 
costs arte assumed to compare the cost per usable node in orbit for the 
two booster designs. The baseline numbers- for launch were sec at 20 
satellites per expendable launch venicle and 24 per recoverable veh- 
icle. These numbers will vary with spacecraft size. 

A) Take the recurring cose of the expendable solid booster including 
. shuttle charges to be $15M. 

B) Assume that the recurring cost for the reusable liquid booster is 
$17. 5M and that the non-recurring cost is $45M. 

The launch cost per usable node for the expendable booster system is 
then: 

. $15M - $0. 75M/node 

20 


The comparable cost for Che reusable system launching 240 spacecraft in 
10 launches Is 


$45M 

240 


$17. 5M 
24 


$0.92M/node 


The cose difference per usable node in orbit is approximately $170K for 
"the reusable systeacompared tothe expendable system. This cost does 
not reflect the hidden progratnacic cost such as 

A) Cose of cwo additional launches (12 vs. 10) 

B) Cose of providing safety for launch of rockets in shuttle 

C) Operational cost of saeelliee launches 

D) Possible reimbursement of carrier after final launch 

The orbit achievement hardware cost for an expendable *4 recoverable 
will not be much different for either approach. However, the reusable 
"smart" carrier could provide better performance of the valuable 


resources (satellites) with more accurata spacecraft placement in orbit 
and initial knowledge of position and orientation of the resource. The 
basic conclusion to.be drawn is that the orbit achievement cost vill be 
about. $1M per satellite. The total launch cost with the shuttle will 
be about $2M-.per.aacallite. 

4.1.6 SPACECRAFT ORBITAL ENVIRONMENT 

The radiation and environmental levels experienced by a satellite will 
be dependent upon the selection of the satellite altitude and inclina- 
tion angle. The* prinary environmental concerns which vary with the 
selected altitude is the exposure of the spacecraft to "Free Oxygen" or 
"Atomic Oxygen" (AO) and the radiation levels to which the spacecraft 
is exposed. The magnitude of the effects of these two factors - radia- 
tion and AO -vary with • increasing altitude. Radiation levels increase 

with altitude Exposure to AO decreases with altitude. It was desired 

for the MSSP to define -the impact of these two factors and compare the t 
impact with the. selected satellite altitude of 67S km (section 4.1.1). 

4. 1.6.1 RADIATION DOSAGE 

The S.SSP satellites will be processor- intensive. The purpose of the 

MSSP satellites will be to provide a stable platfora in space for the 
network processor. The reliability of a microprocessor -and therefore 
the mission of the MSSP, will be dependent upon the total radiation 
dosage, (specifically, trapped particle radiation) to which the satel- 
lite is exposed. It is highly desirable to know the total dosages of 
radiation the spacecraft will be exposed to,— the impact of radiation 
shielding, and the variation of the radiation exposure with years in 
orbit and orbit altitude. 

The first analysis was performed with the parameters listed in Table 4-1. 
SOFIP and SHIELDOSE are software programs used to the projected radia- 
~ tion~ dosage . Figures 4-34, 4-35 ~ and— 4---3 6— show— the— expected -- r adiation — 

dosage (6-year lifetime) for 28, 57, *nd 95 deg inclination angles and 
740 km spacecraft orbits vs. the depth of aluminum shielding. The 28.5 
deg Inclination angle has the worst cumulative radiation level and the 
effect of shielding diminishes for thicknesses beyond 100 to 150 mils 
(1 mii-0.001 in.). The curve labeled- D is the sum total radiation. 
For shielding thickness beyond 150 mils, the major component of radia- 
tion is trapped protons. If the minimum shielding thickness provided 
by a satellite structure is assumed to be 0.064 in. or 64 mils (-1/16 
in.), the benefit from internal shielding will be obtained 

vlth a small amount of processor box shielding. 

The radiation levels for higher Inclination angle orbits is greater for 
lower shielding mainly because of. free- electrons. Once the shielding 
level is 150 to 200 mils thick, the radiation dosage will be less than 
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Figure 4-34 Radiation Dosage — 6 yr, 28 deg Inclination Versus Shieldinc 
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Figure 4-35 Radiation Dosage — 6 yr, 57 deg Inclination Versus Shieldinq AyN 7821 
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Figure 4-36 


Radiation Dosage — > 6 yr. 95 deg Inclination Versus Shielding 
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TABLE 4- 1 

RADIATION DOSAGE SPECIFICATION PARAMETERS 


MISSION SPECIFICATIONS 


MODEL SPECIFICATIONS, 
depth-dose 


740 X 743 km ORBIT 
PERIOD: 99.6308 min 
1.66 hr s 

MISSION LENGTH: 6 years 

MISSION START DATE: 1-1-1992 
3 INCLINATIONS: 28, 57, AND 95 deg 

SOFT? used Co find incident flux 

SHIELDOSE used co find 


daca 

Solar maximum proton model used 

Solar min-lo electron model used 
Spherical satellite model • 

35 orbit simulation projected over 6 

years 


O 
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che dosage ac.28„deg inclination. Spacecraft flying et higher inclina- 
tion will fly through the South Atlantic, Anomaly and will fly through the 
poles of the Earth's magnetic dipole. 

Figure 4-37 shows the the dosage vs. mission duration for a satellite 
altitude of 675 Ism and Inclinations of 57 and. 80 deg. The radiation 
dosage builds as the satellite lifetime extends.. Also, the factor of che 
thickness of the shielding is shown to- 1 - reduce the total dosage, but che 
curves have the. same shape. The radiation dosage for a 675 Tan altitude, 

6 year mission. Figure 4-37, is slightly less than a 740 km. altitude , 6 
year mission of Figure 4-35. 

The radiation levels of approximately 10*4 rad Al (Rad Si - 0.857 Rad Al) 
should not be a problem for bipolar components or linear ICs. For CMOS 
parts and components such as A/D convertors, however, it would be desir- 
able to reduce che cumulative radiation levels to around 10*3. These 
requirements will require that the shielding thickness be increased so 
the larger values of about 300 mils total around those parts. These 
parts should be radiation hardened. If possible, a lower satellite alti- 
tude or che lover altitude of che altitude range be chosen. 

4. 1.6. 2 ATOMIC OXYGEN 

^ -- * . 

During the course of che MSS? study, concern was expressed regarding the 

effects of Atomic Oxygen (A0) on che low Earth orbit satellites . BASD 
analyzed che possible effect of AO on Che MSS? satellite and determined 
that it vould be minimal and easily nullified. 

AO is che presence of free oxygen molecules within the atmosphere. Free 
means the oxygen radical (0) rather che normal oxygen (02). When a 
spacecraft flies through che atmosphere with AO, the spacecraft exterior 
surfaces will erode. Simply put, the spacecraft will rust away. The 
rata of this erosion will depend upon the spacecraft altitude. AC che 
higher altitudes, less AO will exist Ind the rati of etbs~ion - viTlr de~ 
crease. Therefore, for less erosion the higher 740 km altitude vould be 
beneficial for che MSSP satellites. 

The surfaces which will be impacted by A0 are any exterior structure, 
solar arrays, antenna radome, thermal blankets, and thermal radiators. 
The amount of impact of AO on any of these surfaces for a satellite with 
a lifetime of five years will be minimal. For example, the exterior 
structure will be aluminum which will perform in space similarly to its 
performance on earth. A thin layer of aluminum oxide will be formed and 
then che surface will show minimal erosion. 

The thermal blankets, which have a Kapton exterior surface, will exper- 
ience the most erosion at a rate of 0.004 in over the five-year lifetime. 
The exterior Kapton layer will generally be 0.010 in. thick simplv be- 
cause a thinner layer vould Increase fabrication cost due to handling. 


Also, cha erosion of Che exterior surface will not affect Che thermal 
resistance required of the thermal blankets. Therefore, the effect of AO 
on the thermal blankets can be eliminated by simply using a thicker outer 
layer (or a layer commensurate .with normal fabrication, procedures) . The - 
cost of- eliminating the. impact is -minimal. 

4.1.7 SATELLITE ORBITS CONCLUSION 

The analyses : performed, suggest that an altitude of 625 to 675 km is suf- 
ficient for: MSS? lifetime and satellite separation requirements. Alti- 
tudes higher than 675 km - are-- acceptable,, but. would increase the launch 
cost of che MSS? system. The, higher altitudes, will also have higher 
levels of radiation. Altitudes to 740 tan will not 'greatly increase che 
radiation levels, but since the MSS? satellites will be "network 
processors in space", che lower altitudes would be optimum. The effects 
of AO at 625 to 675 km will be minor. The effect must be considered in 
the satellite final design, but will, not a cost driver. 

Analysis of the spacecraft density with various launches and inclination 
angles showed -that' placing more satellites in the higher inclination 
angles tended to provide a uniform density distribution. The ultimate 
uniform distribution could be obtained only with the. costly approach of 
individually launching satellites. However, the dispersion of the satel- 
lites can be obtained by varying che satellite altitudes or inclination 
angle in minor amounts so that satellites dispersion would occur due to 
orbital regressions' The trade is be tween ~ ii the*’ cost of satellite launch’ 
vs. the time required for the satellites orbits to separate. The process 
of orbital regression is cost beneficial. 

The final conclusion of the /.nalysis is that the size of che satellites 
are the main cost driver fc-; the MSS? system. The satellite size will 
reduce che number of satellites which can be inserted into orbit per 
launch and increase the number of launches required. The size will in- 
crease the cost of the orbit achievement vehicle and the number per 
launch will extend '_:a time required to finally obtain system operational 
status. Valuable assets with limited lifetimes will be in space waiting 
for the completion of the system. 
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4.2 GROUND USER 


I* che most irrportanc concern of the MSS program. The satisfaction of. 
the ground user. Because there may be thousands of ground users and 
only 240 satellites, the system cost emphasis must be tilted toward the. 
user. The design of the satellite, antenna, and radio must also be 
compatible with the ground user. For example, if the ground user can 
transmit very high power with a small antenna to complete the uplink, 
but cannot hoar the satellite downlink because the ground antenna does 
not have enough gain, then the system does not work. Conversely, if the 
satellite system has capability beyond what can be used by the normal 
ground user, then the satellite is not cost effective. 

On this basis, BASD performed an analysis of ground- user-oriented 
system concerns and outlined possible trades with respect to RF power 
and antenna 'gain. The objective of the analysis was to identify system 
concerns and initiate the definition of the user interface thereby 
aiding satellite design. 

4.2.1 GROUND USER/ SPACECRAFT ANTENNA TRADE 

*L~ . 

Before preceding with an analysis of _ thp aground user, a. baseline 
specification for the ground user was generated: 

BASD CROUND USER SPECIFICATION 

-Transmit power: 10W 

Antenna gain: 17 dB 

Receive sensitivity: same as the satellite 


Elevation angle: 10 deg 

Assumption S/C 10V, 17dS Gain 

* Although this table is trivial, it is a start. The main Interface 
requirements between the satellite and ground user and the major cost 
for the ground station are listed. Each of these items represents a 
trade between the cost of the satellites and the thousands of ground 
users. The impact of atmospheric losses of about O.SdB at low 
elevation angles has not been included. • 

The main trade parameters are antenna coverage, antenna gain, and RF 
transmit power for the ground user and satellite. The purpose is to 
minimize requirements and cost of the user and satellite but ultimately 
MSSP systam cost. The main equations used to define antenna 
characteristics in this analysis follow: 


1 

1 


antenna gain vs. area: 


Cain - 4 Pi A * Eff 


Lands'* 2 


A: area Lands: wavelength 
Erf: antenna efficiency 


antenna gain virr antenna beanwidth: 

Cain - ( 412.53 / BW*2 ) * EFF BW: 3d3 beamwtdtth 
antenna pattern which is parabolic: 


___ — ___ squared BV3 : 3 d3 beanwidth 

3 3V3 3Vx : beanwidth at x dB 

The frequency is assumed to be 3 GHz. The antenna efficiency is 
assumed to be 55 percent. This efficiency is a conservative number 
which will not greatly . impact the final conclusion. Smaller ground 
antennas with efficiency of up to 65 percent will only add to the 
system capability. 

4.2.2 GROUND USER ANTENNA CONSIDERATIONS 


Figure 4-38 shows -antenna gain vs. area,. The presentation Is for 
antennas lxl inch to 20 x 20 in. The antenna could have non- 
symmetrical dimensions or be a dish, but the square is chosen to give a 
representative idea of the size of the ground antenna. A 17 dB antenna 
gain would be about- 12 in. sq. Figure 4-39 shows the beamwidths for 
the antennas vs. area for the sane dimensions as used for. the antenna 
gaits. A 17 dB antenna would have a 19 deg beanwidth. 

When an antenna is used on a ground configuration, the user must be 
concerned with the problem of multipath (Illustrated in Figure 4-40) . 

A direct signal up to the satellite will have an interferometer pattern 
with- a reflected signal from" the- — ground— — Even on~ an-airframe-, the- 
nultlpath problem will occur. The "final" antenna gain will be the sum 
of the direct signal and the reflected signal and will depend upon the 
height of the antenna above the reflecting surface. This will determine 
the amplitude and phase of the reflected signal. For MSS?, the height 
and the physical orientations are not known for the general ground user 
and therefore, we must assume that Che signals will subtract. The 
signals are "added” voltage-wise not power-wise. Figure 4-41 shows the 
effect of the total signal variation vs. the amplitude of the reflected 
level assuming that the two signals are out of phase . A 10 dB 
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reflected iignel“will^ceuse“the final “ gain to be re^iced^by about 3.3 
dBor the antenna gain would. be reduced to 13.7 dB. This is not enough 
to sake the link. If a compromise is made to accept a 1 dB variation, 
the reflected signal level Bust be 20 dB -down from the -direct signal. 

pointed Tt the 10 deg elevation and 

the reflected signal level aimed 10 deg below the h ® ri *® n * a f SUai ?f r t 
flat earth) is 20 dB below the direct signal, then the 20 dB beamwidth 


the assumed parabolic beam, the 3 dB 
the required antenna, gain calculated, 
required antenna gain vs. elevation 
In order to obtain less than 1 dB 
Che antenna gain must be ac least ac 
relationship between required area and 
be noted that these curves show the 


ground usei for a 1 dB gain 


of the antenna is 40 deg. With 
beanwidth can be calculated - and. 

Figure 4-42 shows the calculated 
angle for the 20 ' dB reflection, 
reflection, at^a 10 deg elevation, 

20 dB. Figure 4-43 shows the 
the- elevation angle. It must 
required gain and area required of the 
variation due to ground reflections. ^ 

Anothe *./sieal factor which Bust be considered in the ground user 
equation is' the path loss of the up/dovn* link. Assuming an altitude of 
the spacecraft of 675 km, the slant range from the spacecraft to the 
user will vary from 675 km to 2100 ka. The- path loss to the user will 
vary with the elevation angle- of the user. Figure 4-44 shows the 

variation of the path loss reduction baaed upon 0 dB at the .10 deg 
elevation kngle. If 17 dB is required at. 10 deg elevation angle, then 
when the satellite is directly above the user (elevation 90 deg), che 
-required gain for the same system performance is about 10 dB less. 
Figure 4-45 shows the required gain when the path loss variation is 
— subtracted from 17~dB. 

The final physical parameter is the angle that the spacecraft must view 
to see the ground user. Figure 4-46 shows the scan angle that the 
antenna of the spacecraft must scan to view the user vs. the user 
elevation angle. The antenna must view a cone of about 62 deg half 
angle in order to view all possible 10 deg elevation users. 


Summarizing for tha 10 dag alavation user: 

required gain (20 dB)‘ 

possible reflection amplitude 
required area - 
...user beamwldth . 
path loss 

.. . ...required user link. ^ain 
spacecraft scan, angle 
----- spacecraft gain - 


20 dB 
1 dB 
14.5 in. 
15 deg 


sq 


17 dB 
62 deg 
17 dB 


The 15 deg user beamwidth means that if the pointing of the user 
antenna is off by 7.5 deg, the antenna gain will be red-eed by 3 dB. 
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When the 1 dS of reflection is included, Che pointing accuracy muse be 
greater chan 7.S deg. Also, the 20dB gain antenna would compensate for 
ataospheric losses. 

_ 4:2.3- GROUND USER QUALITY FACTOR „« — 

The operational considerations of communication with low Earth orbit 
satellites must be factored into the Trade of the performance of the 
ground user's antenna. . JThe most important considerations are the 
number and position of the satellites which can be viewed and the scan 
race required of the ground user to track the satellites . 

If uniform distribution around Che world is assumed, the number of 
satellites in view by the user will be 

240* 1/2 *(1 - cos( earth angle )] _. 

earth angle - Acos[(R/R+h)*eos (elevation angle)] • elevation angle 

or simply, the area seen by the user times the number of satellites. 
This plot is shown in Figure 4-47. The real case will not have perfect 
.uniformity. However, the. curve is representative of the number of 
satellites vs.^the user elevation capability. This curve shows the 
cumulative number of spacecraft in view with a user view capability 
»' from 90 or overhead to a specified elevation angle. Figure 4*48 shows 
v the number of satellites in view in 3 deg cells at any elevation angle. 
For the high elevation angles, there are not a lot of satellites. The 
probability chat there will be a satellite directly overhead is very 
low. 

_ Second, the user's requirement and gimbal rates for cracking the 
satellite must be ascertained. The satellite at 675 lea altitude is 
moving at about 7.S km/sec. The giubal rate of the user will be much 

— hignee-when the satellite -is overhead • close t o t he racio_of .tha_ earth 

radius to the satellite altitude times the spacecraft rate. Figure 4- 
49 shows the user gimbal rata vs. the elevation angle. The angle of 
the spacecraft antenna scan angle is minus the sum of the earth and 
user angle. Therefore, the spacecraft gimbal rata will be the user 
gimbal race minus the spacecraft rate. Both scan races will be very 
high at 90 dag elevation and slow at low elevation angles. 

The gimbal rats shown in Figure 4*49 is. for an overflight pass. When 
the spacecraft passes in view at angles other than an overflight, the 
elevation gimbal ratos will be slower and the azimuth gimbal races will 
be larger. Figure 4*30 shows the cumulative time for an overhead pass 
vs. the elevation angle. For example, if a spacecraft flew over a 
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ground station, the time for the spacecraft to go from a 55 deg to 90 
deg to 55 deg elevation is 2 minutes. ' " 

Figure 4-51 shows a ratio of the number- of satellites to the gimbal. 
The the inexpensive ground user system performs best with a toroid-tyr* 
of patterned antenna which is scanned in azimuth to detect satelli'.*** 
and skip the satellites which are overhead for only a short time. 

A conclusion from this data is that the ground user prefers using the 

low elevation angle spacecraft with the higher quality factor. 

Therefote, several options exist for the ground user and MSSP: 

% 

a) expensive ground unit to track satellites 

b) ground user use low elevation angle satellites -more slower moving 
satellites 

\ ' - • - 

c) increase spacecraft power for high elevation angle users 

4.2.4 ANTENNA GAIN/RF POWER TRADE 


the ground user link trade involves the trade between the size and scan 
rate. capability- or antenna .and the RF r "power- transmitted.- The gain of 
the antenna will increase by almost 3 d3 '-fdouble) every time the area 
of the antenna doubles. For small aneennas, the impact of doubling the 
size of the antenna is insignificant. For large antennas, however, 
increases of 3 dS may -require antenna diameter increases in terms of 
meters. The actual size increase for a 3 dB gain will be more than a 
.factor of 2 . The cost of RF amplifiers for increased RF power can be 
expensive. Also, as the magnitude of the RF power increases the 
efficiency of the amplifiers will decrease. For the ground user, the 
-larger antenna and gimbal scanning system can be quite costly while the 
cost of an RF amplifier and power cost is not of great concern. For 
the satellite, the cost of RF power and large r _ “ahtannas~e an bo th~be 
costly. The optimum trade is a compromise between the RF power and 
antenna gain of both the satellite and ground user. The third option of 
increasing the satellite RF power, suggested in section 4.2.3, will 
require additional satellite power. An increase of the RF power by 10 
dB in certain situations could produce a cost saving by Increased 
performance capability for the total system. The link equation of the 
satellite/ground user is based upon 17 dB antenna gains and 10W of RF 
power at the 10 deg elevation angle (max path loss). Zf the transmit 
power were increased 10 dB (100W) , the link equation could be written: 

Gsat + Guser + DELpl + 10 dB (power delta) — 34 dB " (17 dB + 17 dB) 
or Gsat + Guser + DELpl - 24 dB 



* 


where DClpl - delta path loss, Gsae, Guser - gain satellite and user 

Therefore, with higher power, the antenna gain, and size of the 
satellite or ground user could be reduced. If the satellite had 17 dB 
antenna gain, the ground user could have a wide beam (70 deg beamvldth) 

6.5 dB gain antenna to use when talking to high elevation, angle (90 to 
40 deg) rapidly moving satellites. This antenna would provide a dome 
of coverage, or a 100 deg cone about the zenith. A high gain toroidal 
scanned antenna would be needed to talk to the low angle satellites. 
The satellite and ground user would be required to use high power only 
when the communicating ground user is viewing the satellite at a high 
elevation angle. 

Tills type of operation would be an excellent compromise. The rationale 
is chat the ground user is required to have a high gain antenna for 
multipath reasons at the low angles and therefore, could use high gain 
rather than high power. Also, the probability of a high elevation 
angle satellite is low- and the time period during which a satellite 
would be required to transmit high RF power would be short. If a 
satellite were passing directly overhead, the time to cross the wide 
beam dome (Figure 4-50) is 3.2 minutes of a 9 minute pass. Most 
satellite passes will be grazing off the horizon rather than overhead. 
Whether this user antenna cost savings would offset spacecraft power 
cost will depend upon the user environment .. and the projected user 
antenna .cost. The main concern is the total system cost. 

Another option might be to lover the nadir gain required for both the 
satellite and the user. Antenna gains of 14 dB with 30 deg 3 dB 
beamvldth, which would cover elevation angles +/• 20 deg about the 90 
elevation, could be beneficial to both the satellite and ground user. 
Also, if the RF power outputs were 10 dB higher for all angles, and 
because the gain of the ground user must increase for the low elevation 
angles, the gain of the satellite antenna could be reduced to 14 dB. 
This lover gain, wider beamvldth would allow coarser pointing errors 
and reduced antenna size. The trade "would ~ be~the“larger~sire”of~ the- 
power subsystem. 

4.2.5 CONCLUSION 

This analysis was meant to state a few of the ground user concerns and 
possible trades. Any trade must consider the impacts on the satellite 
power subsystem and the satellite size. However, when compared to the 
costing for the ground user, some of these options seem to be of value, 
particularly the use of higher power for the high angle satellites. 
The total system cost will be greatly impacted by the large number of 
ground users. A final decision on the satellite/ground user interface 
will be made by the MSSP system engineer. 
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4.3 



MSS? COMMUNICATION SYSTEM 



Establishing a successful communication system for the MSS . program .will 
jdepend on the resolution of factors which will significantly affect the 
performance;- These factors (such as-v altitude differences, number* of 
spacecraft; pointing errors; cross link range) have been identified and 
are discussed in -this section^ technically and in terms of cost. In 
addition, a section. of the MSS? link, equation has been included to 
provide trade graphs of the various system parameters. 

4.3.1 SATELLITE RANGE 

SPACECRAFT RANGE VS HEIGHT ABOVE EARTH 

To eliminate atmospheric loss and multipath, the MSS? maximum 
-communication range, vs . S-/C altitude and the minimum height above the • 
Earth must be considered. 


As the crosslink range between satellites is increased, a maximum range 
is obtained due to the oceultation or blockage by the Earth. The 
communication range when communicating directly across the limb of the 
Earth is: •• 

Rmax - 2 (h+r) sin (0max) 

where Cos (Imax) •— r/(r+h) 

r -Earth radius (6378 lea) h- S/C altitude 

For example h - 673 las Rmax - 6021 km 


This maximum range condition is not, however, the optimum range for a 
low cost~eommunieation system like MSSP: — Co uuuunl cacioir di re ctl y -across — 
the Earth limb will require that the RF signal traverse the Earth's 
atmosphere twice. Also, the multipath reflection at the Earth's 

surface will cause large signal degradation. Therefore, the required 
signal amplitude will have to Increase by several dBs as the 
communication ranges approach the Earth limb . 

Another less costly solution would be- to* limit the maximum range 
condition to -» communicate across an altitude . above the Earth's 
aoaosphere or an altitude of 100 km. The maximum communication range 
would then be:- '■ --- ■ ~ :r 

Rmax - 2 (h+r) sin (fmax) r- : , ’ 

where cos (fmax) - (r+100taa)/(r+h) 

For example h — • 673 km Rmax - 5379 ka 




/ 


The system designed for the lower range (557ka) would be ajnore cost- 
effective compromise. 

4.3.2 625/675 ALTITUDE DIFFERENTIAL 

_ The proposed satellite orbit is 675 ka.: After being in orbit for 

several years, the satellites will drift down and new satellites will 
be placed in orbit at 675 ka. The altitude has been established so 
that the satellite max imum altitude variation will be 675 kato 625.1a#.- 
This altitude variation will impact the MSSP mission in that true 
angles between satellites will not be as designed. 

e 

To analyze the real pointing angle and range for satellites of 
different altitudes for comparison with results of satellites flying at 
the same altitude, assumptions were made that the satellites had no 
altitude errors, no pointing errors, and fixed beam antennas. Once the 
impact of the altitude -differencial for these satellites is known, tfce 
anal ysis can be extrapolated for altitude errors and the non- fixed 
elevation beam antennas. 

4. 3. 2.1 POINTING AND RANGE ERROR 

p^a^ious analysis has limited the angle difference from satellite A to 
satellite B to U deg with an altitude differential of 50 km. The basis 
for the 4 deg is shown in Figure 4-52, and was based upon an orthogonal 
intersection of the horizontal and the 50 km altitude difference. This 
. analysis agrees with the 4 deg, but the relative position of the 4 deg 
is different from Figure 4-52. - — 

Figure 4-53 shows the relationship between antenna pointing angle and 
the range between the satellites when they are at the same altitude. 

The pointing angle is the angle between the orthogonal to the A 
satellite radial and the line to the second satellite B. This is an 

angle down from horizontal. If thetvo satellites-were not- at-thesame J 

altitude, then the range and angle would be as shown in Figure 4-54. 

Figure 4-54 shows the satellite A at altitude 625 ka and satellite B at 
675 ka. Since these satellites are at different altitudes, the range 
and pointing angle will be different for the saae "Earth angle" between 
them. The equations for theta prime and R prime or range prime, the 
real angle and range between the satellites is described in Figure 4- 
54. The comparison of the same altitude and 625/675 altitudes must be 
mi<« for the saae design angle. In other words, with the assumptions : 
no altitude errors or pointing errors , and fixed antenna beams , the 
systea Is designed for the saae altitudes of all satellites and the 
impact of the altitude differences is compared at the same design angle 
or one-half "Earth angle”. 



sin 0 



R 3 RANGE 

h s ALTITUDE 675Km 

P.3 s EARTH RADIUS 5378 Km 


A/N 7621-o 


Figure 4-53 Relationship of Antenna Pointing Angie and Satellite Range 
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Figure 4-54 Pointing Angle and Range with Altitude Difference 



Figures 4-55 and 4-56 shov the ranges between the satellites for the 
eases where they are both 675 tern and where they are at 625 and 675 km. 
The differences are very small except for design angles below 1 deg. 
Even then the difference Is small. The maximum, range error will, be 50 
km when the satellites are above one another or when the design 
pointing angle. Is 0 deg.- Figures 4-57 and 4-58 show the difference 
between design angle and the real angle due to the satellite altitude 
separation. For large design angles out 22 deg, the real and design 
pointing angles are close. However, for angles below 3 to 4 deg, the 
difference becomes very large until . at the design angle of 0 deg the 
real angle is 90 deg. 

The impact of these errors will be a small increase of the link path 
loss, but the pointing angle difference could cause a large loss due to 
the antenna gain. 

4. 3. 2. 2 IMPACT OF ERRORS 

The pointing error difference for the satellites at different altitudes 
could cause the signal amplitude to be further down on the antenna 
pattern. To analyze the impact of the altitude difference, a baseline 
link and ■antenna must be assumed: . . .• -■ ^ _ . . V 

Antenna: . uniform Illumination with sin (X)/X pattern and beamwldth of 
© _ 50.8 deg/L; where L is the aperture length in wavelength. 

X- Pi * L sin ( 8 ); 8 -antenna angle 

Antenna pointing at maximum range 

V 


# 


© 


Antenna beamwldth - 1.1 times max range 23.1 deg 

It will be assumed that the maximum range is 5579 km (angle-21) 


With these assumptions, the equation for the link margin with varying 
range (assuming that the azimuth pattern is narrow enough to provide 
adequate gain), is: 

20 log £ -2* 20 log ^ 3 in Xj ; X - L sin (21-0) 

Figure 4-59 shows the path loss (range) change with angle, the antenna 
gain change, and the total link margin change which is the path loss 
minus two times the antenna change for two satellites at the same 
altitude. These curves state that the two factors • antenna gains and 
path loss • compensate for each ocher. For this calculation the 
antenna beamwldth was chosen to be 21 times 1.1 or 23.1 deg. The 
antenna dimension was therefore, L - 2.19 wavelengths. 



71 - 


<0 


CM 


O 


ID 




(SCNVSnOHl) u»l 3QNVU 








(SGNVSnOHl) uni 39NVy 


- 73 - 




Figure 4-56 Range Versus Design Angle tor 675. 625 Altitude 
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Figure 4-57 




Figure 4-58 Link Real Angle Versus Design Angle Satellite 625/675 km OHset (Design Angle 1-22) 
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Figure 4-59 Range, Antenna Gain and Total Variation Versus Design Angle (dB ol -20 to 430) 


Figure 4*60 shows che same combination of path loss, antenna gain, and 
total variation for two antennas with the real antenna pointing angles 
for satellites at 625 and 675 1cm. Note that, the antenna gain varies 
considerably because of the pointing angle. The antenna gain rises at 
about 1 deg design angle due to the antenna sidelobe. The usable link 
(>0dB) is limited to ranges greater than 11 .deg design angle or 2700 
km*.: This looks bad except for the fact that we have made an error. 

The antenna, patterns are pointed down at the maximum range of 21 deg 
(5579 km). Satellite B is up from the design angle for satellite A 
because of the 625/675 altitudes. Likewise ,- satellite A will be down 
from satellite B. Therefore, the real link margin equation should be: 


20 log 

f 557-21 -20 log 

f gin -20 log 

f sin XB ) 


l R' J 

l XA J 

l XB J 


Where XA is L sin (21-0) 


and X3 is L sin (21-0 *- (0 ' -0)) 

- L sin (21-20 '+0) 

The location of satellite B will be farther "down’ on the antenna 
pattern of satellite A because of the --altitude difference, but 
satellite A will" be farther "up* on the antenna pattern of satellite B. 
These two effects will almost compensate for^ each other. Figure 4-61 
shows the link difference for the two look down case and the real or 

look up/down antenna eases for design angles of 2 to 21 deg. This 

figure was based on an antenna size of 2.19 wavelength or a beamwidth 
of 50.8/2.19-23.1 deg. If the beamwidth as expanded to 50.8/2.15 - 
23.6 deg (L-2.15 wavelength), the calculated results will be as shown 
in Figure 4-62, which provides >0dB performance from almost 3 deg (720 
km) to 21 deg (5055 km). The 2.19 to 2.15 antenna vertical size (8.8 
in. vs. 8.6 in.) would cost the same percentage expansion of che 
horizontal aperture for equal antenna-gain. — 

Satellite B is located 4 deg up from satellite A at an angle 1 deg 

above the satellite horizon when the design angle is 3 deg. The angle 

offset is 4 deg as in Figure 4-52, but 4 deg above the -3 deg. 

The tntetma beamwidth can be varied (with diminishing returns) to 
extend the close range limit but the following general conclusions can 
be made : 

1) The altitude difference will cause a loss of gain due to the lower 
satellite antenna, but the higher satellite antenna will have an 
Increase in gain almost offsetting the loss of gain. 
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Figure 4-61 Total Link Variation Versus Design Angle tor 625 and 675 km (dB of -25 to +5) 





2 ) 



The altitude difference with the parameters assumed and a 2.15 
wavelength size, will cause a loss of communication for angles 
above 3 deg down or about 750 km. 

3) An antenna designed to compensate for the altitude difference 
would not be required to "scan* up to 4 deg above the horizon, 
only to 1 deg. 

Attitude and Pointing Errors - Field of View (FOV) 

If the effects of .antenna pointing error are now included, whether 
caused by alignment or attitude error, the required antenna FOV can be 
defined. If the pointing errors are zero or small, of course, the FOV 
is not really defined. If the attitude error is 10 deg and if the 
antenna pointing error is 2 deg, then the antenna FOV required would be 
+/-12 deg or 24 deg about 0-21 deg (max range). 

----- ... * 

FOV - 24 deg about 0max for max range 

Side Note 

If peak power is used by the system for long range cases, the antenna 
pointing and h^amwidth will be modified J>ut .field of view and look 
angle analysis-^jill be the same . . 

4.3.3 MAXIMUM (TOSS LINK RANGE 

During the initial analyses of the MSSP— Phase I, the communication 
range capability of satellite vs. the dc power requirements were 
analyzed. This analysis showed that the shorter ranges vere more cost 
effective from a dc power perspective . However, when the impact of the 
probability of communication is considered, the maximum range 
capability can be seen in a different light. 

Increasing the cross link range to the maximum range caoability of 5579 
las will result in significantly higher probabilities of useful 
communication experimentation in the prototype phase. During the 
operational phase, the total number of spacecraft required will be 
reduced, thereby reducing the overall system cost. This is true even 
if the cost per spacecraft on orbit increases due to increasing the 
maximum range from 2225 km to 5579 km. 

The initial space demonstration of MSS? will consist of 10*20 prototype 
spacecraft that are placed into 675 km circular orbits by a single 
launch vehicle. This limited number of spacecraft cannot support an 
around-the-clock global communications system. However, it can provide 
several hours each day of communications service between North America 
and Northern Europe end between North America and the Western Pacific 
region. It can also provide up to four hours a day of regional 
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communication within Northern Europe. The primary purpose of the 
demonstration phase will, be to provide on-orbit verification of most 
MSSP technologies.; Howover, a complete demonstration of the network 
routing and ephemeris tracking technologies will not be achieved until 
several orbit planes- have been populated. 

The ini tial prototype demonstration can also serve as the first of 
three orbit planes that will form the backbone of an around-the-clock 
communications system. These three planes would all be at 57 deg 
nominal inclination with their ascending nodes separated by 120 deg of 
longitude.* This inclination has been chosen because it provides the 
best N^rth Atlantic coverage available from an ETR STS launch. Each 
spacecraft will be injected at a slightly different inclination and 
velocity so that they will continue to spread out in longitude of 
ascending node and true anomaly. An around- the -clock communications * 
capability will be available in discrete latitude bands immediately 
after the spacecraft in the third launch have spread out 360 deg in 
true anomaly but before they have spread out significantly in nodal 
separation. For ground stations with a 5 deg elevation- limit these 
initial latitude bands are 36.3 deg to 49.2 deg. The latitude bands 

are reduced to 39.9 deg to 45.6 deg for ground stations with a 10 deg 

elevation limit.* Ground stations at other 'latitttdfes will have periodic 

outages at either 3 or 6 times per day until nodal spreading fills in 

the gaps. This will take about one year, depending upon the difference 
in inclination given to each spacecraft. 

.-This around-the-clock backbone system will be sparsely populated with 
only 30 to 60 spacecraft. Nevertheless, this will be sufficient to 
provide a basic communications neework after nodal spreading. This 
initial system will have short interruptions in availability due to the 

random phasing of the orbits. Howe ver, unifo rm coverag e s hould be 

considered before examining the probabilistic factors. Figure ^4-63 
shows the number of spacecraft as a function of intersatellite range 
chat are required to uniformly cover the globe. The equation for this 
curve is : 


2/3 


-1 

[sin 


X 


2 

1 


2<R,+h> 


Where X is the intersatellite range, Re - 6378 km is the radius of the Earth 
and h - 675 km is the orbital altitude. 


The angle given by the inverse sine is expressed in radians. This equation 
is based upon an assumed uniform distribution of the spacecraft in a 
hexagonal pattern; each spacecraft has six nearest neighbors at a distance 
X. The results obtained with the assumed hexap >nal pattern do not differ 




appreciably from those obtained with other simple patterns such as 
underlapping and overlapping circles. 

One of the largest multiplicative factors involved in selecting the required 
number of spacecraft for the constellation is the one due to random orbit 
phasing in true anomaly. The following approximate analysis was performed 
as a first cut at evaluating this effect. Consider M spacecraft in a single 
orbit plane that are distributed around the orbit with a uniform probability 
density of their true anomalies. This approximately characterizes the 
prototype demonstration system after some reasonable spreading in true 
anomaly but prior to significant nodal spreading. The probability that a 
particular spacecraft will be within range of a specific second spacecraft 
in front of it is: 



whore the notation is the same as in equation (1). The probability that the 
particular spacecraft will be within range of a specific second spacecraft 
that is either in front or in back of it is 2p. There are (M-l) other 
spacecraft to consider. Therefore, the probability or g at least one ocher 
spacecraft that is within range ahead of a particular spacecraft is 

( 21 - 1 ) • * „ • 

P - l-(l-p) 

- A 

Similarly, ^the probability that there is~^at least one spacecraft within 
range ahead of and at least one spacecraft within range behind a particular 
spacecraft is: 

« 

(M-l) (M-l) 

P 2 _ - 1-?(1'P) + <l-2p) 

The probability PI approximately describes the likelihood of obtaining at 
laast one cross link connection in the direction of a desired ground station 
(e.g. the probability of communicating between Northern Europe and the 
Persian Gulf) . The probability P2 approximately describes the likelihood of 
having at least one cross link in each direction (e.g. the probability of 
Northern Europe being able to communicate simultaneously with both North 
America and the Persian Culf , or alternatively of North America being able 
to communicate over a 3 spacecraft link with the Persian Gulf) . The above 
interpretations are approximate because PI and P2 refer to any spacecraft 
within range whereas an actual communications link depends upon the second 
spacecraft being at least a certain minimum range from the first. 

The probabilities PI and P2 are plotted in Figure 4-64 as a f’inction of rfce 
number of spacecraft in the orbit plane for two maximum ranges, 2225 .nd 
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5579 km. Naturally the probabilities for the shorter range version are nuch 
lower and rise more slowly with an increasing” number' of 'spacecraft "than do 
the probabilities for the longer range version. The primary purpose for 
deploying the "prototype spacecraft is ‘ to provide on-orbit verification of 
the MSSP design by performing communications experiments. These experiments 
have not yet been defined, but it is likely that the low probabilities (PI - 
0.372, P2 - 0.129) of the shorter range version with 10 spacecraft on-orbit 
would be marginal. The large increase in the probabilities (PI - 0.713, P2 
- 0 493) for the 5579 km range version with 10 spacecraft on-orbit would 
greatly add to experiment flexibility and to the performance of the evolving 
communications network as more orbit planes are launched. 


4.3.4 LINK EQUATION 

This analysis was performed early in the Phase I study to identify 

communication with trade concerns. To accomplish the MSSP primary purpose 
which is establishing a successful working communication link, several 
design and system trades must be done to accomplish it at low cost. 


The system parameters follow: 


Transmit power: Drives the spacecraft size and weight cost. 

Range: i Affects the transmit power required, the system, time 

delays, and the number of spacecraft necessary to complete 
the system. 


Antenna Gain: 


Link Margin: 


Affects the transmit power required and the physical 
size of the spacecraft. 

Adds confidence to the system capability. This 
margin ensures that as system components age , the 
system will still perform. However, this pad or 
excess— baggage- viil — require — higher — performance, .of — the 
system and create higher cost.. 


Data Rate: Directly affects the required system transmit power 

required. 


These parameters can be combined in a single eoimsunication link equation: 
Pr - PtGtCr (A/4P1R) 2 


where: Pr - required received signal 

Gt.Gr - transmit and receive antenna gains 
X - frequency (wavelength) 

R — range or distance between satellites 
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The cara Pr contains all of the parameters relevant to the receiver design. 
Many of the parameters will, be.- dependent upon Che type of communications 
mode used. .None of the accual parameters and values are fixed yet. 
However, an estimate can be made which allows an analysis of the MSS P link 
equation and a first cue at the compromises which much be made. The 
equation for Pr is: .. . .. ^ . - . • . 

Pr “ KT.+ Eb/No + NF + Loss + 10 log (D) + Margin 

where: KT - noise floor, 270 K — >204.3 dSW 

E3/No - required signal to noise level - 6.7 dB 

(MA Com study) 


Nr *■ receiver noise figure (estimates) - 3.0 dB 

Loss ■ receiver detection loss and signal — 2.0 dB 

to date power ^ 

D — data rate 

Margin - signal level "pad" - 3.0 da 

-189.6 dBw 

or, Pr - -189.6 dSW + 10 log (D) 

Before proceeding any farther, additional assumptions must be made: 


Gr - Gt; antenna gain transmit equal antenna gain receive 


- D: data rate - 1, S, or 12. 5 Mbit/sec. This assumption 

will provide a baseline to see the effects of data race. 

Frequency - 4 GHz 

With these assumptions, the link equation "an be rewritten: 


Pr - -189.6 + 10 log (D) - 10 log (Pt) + 2G - 20 log(R(Xm) ] - 104. S 
or, 10 log (d) - 10 log (Pt) ♦ 2C - 20 log IR(Sm)] + 85.1 

With a low-cost single antenna beam system, range and antenna gain refer to 
the maximum range and gain. The antenna gain and the range loss will 
compensate at close ranges. Therefore, the term 2G - 20 log [R(Km)] is a 
constant. Or, 

10 log (D) - 10 log (Pt) + K + 85.1 
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where K - 2G peak • 20 log [Rmax(Km) J 

Figures 4-65 and 4-66 can be used to determine the. relation of the link 
parameters. In Figure 4-65, the data rate and RF power are selected and the 
value K Is determined. In Figure 4-67, with the -determined value for K, the 
antenna gain is selected and the system range capability is determined. 
Figures 4-68 and 4-69 illustrate the system range vs; the RF power for 
selected data rates and antenna gains. 

No hard conclusions can be ascertained from this- analysis. However, several 
tentative conclusions can be drawn. 

1. Antenna gain: Should be as high as possible and at least IS dB. 

2. Data Rate: Should be compromised to at least less than 10 Mbit. 

3. Range: The system range is driven by the. need to provide complete 
system coverage and the number of satellites. However, because of 
restrictions due to Earth reflections, the range might be restricted to 
3000 to 5579 Km. 

4. RF Power: With the above compromises, the RF power required can be 

lowered to less than 100W and peak power averaging used for long 
ranges; • '/'* . 

4.3.5 CONCLUSION 

The analyses performed in this section addressed orbital concerns of 
spacecraft communication. They are not all directly radio, antenna, or 
satellite concerns but focus on the total satellite communication system. 
The results of the analyses were: 

a) Limit the "»«■*<"" communication range to 5579 km such that the 

communication path is above atmosphere . Attempting toconsaunicace 

across the limb of the Earth will encounter the problems of 
atmospheric loss and multipath. 

b) The satellite altitude differencials of 625 and 675 km will require 
the antennas to be able to scan up to 1 dag above the hori 2 oncal for 
a 400 km minima range . 

e) The probability of viewing another spacecraft is increased greatly 
when the system Is designed for maximum range communication 
capability; especially, during Che prototype satellite phase. 


- 88 - 


o 


in cm 

CM 


(9P) UQIOVJ A 




Figure 4-60 




(saNvsnom) Own) i0Nvy 


i 


» 


91 



Figure 4-68 Range (NMi) Versus RF Power lor 5 Mbit Data Rale 





Figure 4-69 Range (NMi) Vorsus RF Power tor 12.5 Mbit Data Rate 
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SATELLITE INTEGRATOR SUBSYSTEM. TRADES _ . 

l'S\~ ^ *•" '• 

The satellite integrator subsystem trades are the areas of design study 
were the satellite power, attitude control, and configuration; and the 
satellite/antenna and satellite/radio interfaces. Communication between 
team members resulted in reexamination r of;* soveral- areas of analysis . 
-This section will discuss the analysis based upon the final require- 
ments from the third working group meeting (November 1986). Some para- 
meters, however, such as satellite bus power, will be presented as 
trades to show the impact of the variation of the.: requirements . Making 
some of the final system trades easier to make in Fhase II is the pur- 
pose of this information. 

5.1 SATELLITE POWER 

The satellite power subsystem must generate, store, control and distri- 
bute electrical energy necessary for the satellite, antenna, and radio 
operation. The main components of the power subsystem are: 


Solar Arrays 


to generate energy 


Batteries to store energy 

Power Controller - > _to control: energy' storage 

DC -DC Convertor to supply specified voltages 


To meet the MSS? criterion of low cost, the powejr subsystem design must 
provide efficient use of all of the components. The solar array mecha- 
nical configuration must maximize the energy, output from a non- 
orientated satellite such that the amount of array surface can be 
minimized. Besides the cost consideration of the subsystem components, 
the size and weight of the components must be factored Into the cos* 
equation. The power subsystem will be the largest and heaviest element 
of the sateilite bus. This subsystem; therefore, wiTl~incr ease the 
cost of the satellite launch and the number of satellites which can be 
dispersed per launch. 


The MSS? Fhase I power requirements listed in Table 5-1, were modified 
as the study progressed with communication between the team members. 
Initially the average power requirement was 35W, then SOW, and finally 
75V. Therefore, various analyses will show calculations at differing 
average power levels. The analyses were performed so that final 
conclusions could be modified for the final requirements and be applied 
to any future trades in MSSP Phase II. The analyses to be presented in 
this section are: 


* Power Cost analysis which presents an overview of the cost 
drivers and the impact of the power subsystem requirements 
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TABLE 5-1 POWER ^SUBSYSTEM DESIGN • REQUIREMENTS . • 
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* Array optimization analysis which prssancs the impact of the 

solar array configuration-- . •* .. 

* Battery sizing analysis. 

* Solar array trade analysis which presents a look at an 
unusual method of reducing the size of the solar array 

Finally, a design of the power subsystem will bedescribed for the 75V 
average power system. . 

The final conclusion for the power cost on a low cost satellite such as 
MSS? is $5000 per watt at the spacecraft level and $7000 per watt on 
orbit. The largest cost drivers are the solar arrays and the launch 
cost for the arrays. 


5.1.1 PCVE3. SUBSYSTEM COST ANALYSIS 

This preliminary power system analysis will attempt to provide a rough 
rather than absolute analysis of size, weight, and cost for the power 
system. The purpose is to show the general impact of power system 
requirements on size, weight, and copt. .Sipes the Satellite atti-ude 
control system was not ■ defined, an.- ■ osni solar array was assumed *.ox 
this preliminary analysis. — 

The following assumptions , which are stated at the beginning of 
each analysis, were made. —r ' 

* solar array: four panels spaced at 90 deg around the satellite. 

The panels are tilted to try to obtain uniform solar coverage 

(omni array) 

* solar cells oh both sides 'of panels 

* projected area of solar panels assumed to be 2 panels orbital 

average 

* the projected solar area peak area is 2.4 panels 

* solar cells generate 10W per sq f t 

* orbit time 96 min: 32 shade, 64 sun 


* -voltage at max power: 33.4V ' 

These assumptions, while providing a somewhat broad baseline for the 
power subsystem, derive the subsystem cost drivers and the impact c. 
tha subsystem requirements. 


5. 1.1.1 SOIAR ARRAY SIZING 


The size of the solar arrays 
orb leal avsrage output equal to 
for the bactery efficiency. 


needs 

che 


co _ be sufficient. to produce an 
average syscea load plus a factor 


AVERAGE ARRAY OUTPUT - 1.1 * ORBITAL AVERAGE LOAD 


The power output of the four panel system will be the product of che 
array size, output rata, and sun/shade orbit period. * 

average projected array area - 2 * area (ft A 2) per panel 


output race - lC*J/f c A 2 (conservative nuaber) 


sun/shade cine — 64/96 

POWER OUTPUT - 2 * 10V/ft A 2 * 64/96 / 1 . 1 - 12. HV/ft A 2/panel 


This nuaber is che array orbital average output for che four penel 
systaa. In oehar words, if an orbital, output of 12.11V is needed, che 
syscsa would use four. (4) one* foot square panels. Figure 5*1 .shows the 
required size qj^one . of che four panels^ ys .__.gye.rsge required powers 
from 20 cp 20CV ( With an array weighc of 0.3 leg per sq ft: and array 
cost of $630Q P«r *q ft (array on both sides). Figures 5*2 end 5-3 show 
che weight and cost iapace of ihcreasingly larger syscea power require* 
aenct. 


CAVEAT: The pricing, nuaber used in this exercise Is based upon recenc 
proposals. Although reasonably priced, chis' cost does not include any 
estimate for high production. A closer cost examination will be done 
lacsr in chis analysis. The array weight nuaber used is linear for 
Increasing array. Actually, for larger solar arrays, che weight (and 
cost) would Increase with aore complicated- structures -and-daployaenc- 
systems. 


5.1. 1.2 BATTERY SIZING 

The size and cost of the batteries required are also a function of che 
system' s power requirements. For e low cost system, the first approach 
would be Co size che batteries for current* liaicing under che high 
array output condition. If the bactarles ere sized (amp/hr) so che 
Him array output will not overheat Che becceries, then e coscly 
power control system would not be needed. The crade is the cose and 
weight of the additional batteries on the spacecraft. 

The equation for che sizing of the becceries is: 
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C/10 - MAX. ARRAY OUTPUT *. MIN . LOAD REQUIRED 

TtiB C Is the capacity of -the batcarias.-- Tha idaa is... to limit the maxi* 
mum charge rate of the battery, which is the. array maximum output minus 
the system minimum . load requirement, to - one* tenth of the battery 
capacity. The' one- centh value is. a nominal number as a trade for bat* 
eery life . The battery size -is -therefore: - — ■ 

C - 10 * (2.4 * 11 W/ft“2 * PANEL (ft A 2) ) -L.F. * AVERAGE LOAD 

where L.F.- load factor or the ratio of the minimum power required to 
average power required. * — 

Since this equation deals with peak power, the factor 64/96 which ac- 
counts for orbital averaging is deleted. The array output is UW per 
sq ft of array panel. The difference between using 11- and lOJ/ft 2 
is to account for the beginning vs. end of life of the array output. 
The peak surface area projection of the array is 2.4, The load factor 
(L.F. < 1.0) is used as a variable and shows the impact of the varying 
duty factor of the payload power requirement, e.g., transmitter on/off 
periods. 

Figure 5-4 shows the required battery size vs. the system average power 
for power from 20 to 200W. The battery sizes required can be quite 
large. To 'get a concrete idea of Aattary size requirements these sizes 
(amp hr) must be converted into weight, volume, and cost. The weight 
was' estimated at about 1.14 kg per amp hr. The expected weight per 
system power is shown in Figure 5-5. The battery size will be about 35 
,cu. in. per amp hr and is shown in Figure 5-*-6. The cost of NiCd bat- 
Series is between $4000 per amp hr. for high reliability and high cost 
uaics c 0 §1000 per asrp hr. for selected commercial units. Lead acid 
batteries cost about $200 per unit. Figure 5-7 shows the expected 
battery cost (L.F.-l). Figure 5-8 is a representation of three battery 
sizes to show the impact of larger system power requirements. 


CAVEAT: The battery weights are based upon NiCd batteries. Lead acid 
calls will weigh somewhat more. Nickel -hydrogen batteries with pres- 
sure vessels would weigh much more. Also, for the larger batteries, 
some additional weight will be needed for thermal control and struc- 
ture. 


5 . 1 . 1. 3 POWER SUBSYSTEM COST ESTIMATE. 

The total system cost vs. power system requirements will involve the 
array, battery, and system launch costs. The launch cost is dependent 
upon the launch vehicle used to orbit the satellite. But, since this 
is a preliminary analysis, the cost of launch via the space shuttle 
will provide a representative number. The shuttle launch costs are 
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Figure 5-8 Battery Parameters Versus System Average Power 
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based upon both payload size and weight which can be calculated by 
existing formulas. The final cost is the larger weight or size. Since 
payload size will? depend upon Che ..satellite, final^configuracion, this ... 
preliminary analysis will use the power system weight cost which is the 
weight of the batteries and solar -arrays . 

Based upon a shuttle payload base cost of $75M (28.5 deg launch) the 
cost equation is: 

Cost - $7.5M. (Payload tfeight)/(.75 * 65000) 

or $1538 per payload pound. (The cost increases for 57 deg and 90 deg 
inclination launches.) The launch cost of the solar arrays and batte- 
ries vs. the power system requirements is shown in Figure 5-9. 

The total system cost (array + battery + launch) based upon the use of 
commercial batteries is shown in Figure 5-10. 

CAVEAT: As was stated above, the launch cost could be modified if sys- 
tem size with large solar arrays requires that the cost be based upon a 
size- basis. The launch costs are also based upon a $75H shuttle cost 
yhich could increase. 

5. 1.1. 4. -powza SraSYSTSJi COST REDUCTION r:'- 

Clearly, the cost, size and weight of . the higher power system levels 
previously described are too great. Cost reduction will begin with the 
size and weight of the batteries. The previous analysis was performed 
with a low cost power system (current limiting) . The battery size was 
the controlling function of limiting the charge ratio into the battery. 
3y correctly limiting the current, the battery lifetime can be 
extended. Another, though often more expensive, method of extending 
battery life is to control the battery charge current based upon the 
temperature of the -battery. This system could limit- tha- charge— ratio- 
to the battery to C/2 rather than C/10 with the stipulation that the 
true charge .ratio be controlled by the temperature of the batteries . 
If the batteries are cool and not fully charged, the charge ratio could 
be C/2. However, if the batteries are fully charged, they would become 
vara as the arrays attempt to overcharge them. ; At this point, the 
controller would sense the battery temperature and limit the battery 
charge to a much lower value. 

Various methods of charge control are available: shunt load (dumping 
power into a l^ad resistor), array switching (switching part of the 
arrays off), ar.d others. The important parameter is the maximum allow- 
able ratio and the estimated cost of the controller. If a cost-effec- 
tive reliability program and adequate testing (burn-in) is performed, 
the cost of the controller could be limited to $20K (for large <i"<"rity 
builds). The charge ratio maximum could be set to C/2. 
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Figures 5-11 thru. 5-16 show baccery cose, siza, and weighc curves simi- 
lar co Figures 5-4- thru 5-10 for a system with a charge controller 
limiting the, maximum charge- to -C/2 


The cost of the%solar array used 
-cost were reduced by one -half by 
system cost would be as shown in 
200V system in 240 units follows: 


in; this analysis was $6.3K.i If..: this 
producing large quantities, the t'inai 
Figure 5-17.' An optimistic cost of a 


IADNCH: 

_$165K 

★ ARRAY: 

$208K 

* BATTERY: 

- § 14K 

* CONTROLLER: 

$ 2 OK 


Possible ways to reduce systam cost follows. This analysis, performed 
early in the MSSP Phase 1 study, identifies areas of concern to ocher 
team members. 

The largest cost drivers are the solar array and launch cost. Reducing 
Che power requiredewlll decrease the system -cost :;-' ***** 

Several options exi? t Co reduce power requirements . Two conventional 
and one unique approach are : 

* Reduce system data rate 


* Reduce range 

* Reposition transmitter amplifiers 


Reducing the system data rate will impact many ocher subsystem power 
requirements. The transmitter will require less RF power to complete 
the link, and the processing speed, (directly- related to power) will be 
reduced. 

Reduction of the system range requirement reduces the RF power 
required. .It would also reduce the attitude control power requirements 
(pointing) and possibly the required antenna, beamwidth or number point- 
ing positions. 

The transmitter RF amplifier could be repositioned to each antenna, 
element rather than a central amplifier. The antenna switching and 
phasing components (S&F) will have losses which affeec system power 
efficiency. If the transmitter RF output was 200V and if, for example, 
Che S&P losses were 3 dB, the S&P would absorb 100V of the transmitter 
output. With a transmitter amplifier efficiency of 25 percent, the 
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Figure 5-14 Battery Cost (SiCOO) Versus Average Power Required (02 Controller) 
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• ffecc ot' che S&P would be 400U. Conversely. with distributed amplifier 
ac each antenna element, the absolute power magnitude of the S&? losres 
la leas. Also.: since th« 2iP is required to switch lower power levels, 
leas, power is required for. the electronic switching which could pos- 
sibly be faster. • 

5.1.2 SOLAR ARRAY OPTIMIZATION 

The largest cost, driver for the power subsystem is due to "the. solar 
arrays . A crucial parameter in designing the power subsystem will be 
to maximize the array energy output vs. cost. Ih* output can be maxi- 
mized by increasing the individual cell output efficiency or by 
increasing the. orbital average projected area of the array. This sec- 
tion will analyte, the various solar array configurations to obtain a 
better solar array configuration. 

Now that the relative size of the battery and solar array have been 
s^slyztd for an omni-directional solar array (Section 5.1.1). an analy* 
sisto reduce the cost of the solar array can be undertaken. The omni 
aolar array is independent of the satellite orientation. It consists 
of four double-sided solar panels or eight arrays. If the satellite 
varo nadir -orientated and in a 97 deg polar orbit at 6 o'clock, the sun 
would always be on one side • of the satellite. Therefore, two solar 
panels with solar cells on one -'.side facing -the sun could 'provide the 
same amount of power as the -eight 'panels. . Since the .sun. would be 
continually in view, the size of the arrays (orbital average) could be 
• individually smaller than an omni panel. A significant cost reduction 
is realized. "’The amount of solar cells required is reduced by three- 
quarters. For example, if the solar arrays cost $100K for the omni. 
the 2 panel system would cost- less than $25K. Other cost reductions 
would follow duo to weight and size reductions. The front of the eani 
system would consist of two solar panels which would impact the orbital 
lifetime and attitude stability of the spacecraft. This frontal area 
(area/maos : A/K)_vould be c los a t o zero (sideways to orbit direction ) 
and cause the spacecraft to be mere stabilized in yew. 

The previous exaspls is an extrema of possible spacecraft- orbits. 
However, it does demonstrate the approach which must be taken to reduce 
the c jsc of the MSSP spacecraft. If careful design Is used, the bene- 
fits of multiple build will not ba lost and the additional coat savings 
of optimum design realized. The omni pattern produces a vary low 
power output variation. The low variation allows for s 
low-cost power controller. The cost trade must ba made comparing the 
cost of the solar array -vs. the controller and considering the perfor- 
mance parameters of frontal area, power output, weight, end size. 

Figure 5-18 shows four possible array configurations. The omni pattern 
array is the reference unit. The Mansard is a compromise of the omni 
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pattern unit with the solar array on ona sida only. Tha roof top unit, 
provide* a compromise of tha Mansard with a saallar frontal araa. Tha 
flush unit provides tha minimum frontal araa by simply attaching the 
solar array to tha top and sides of tha upper spacecraft module. 

A means of Comparing the solar array output is necessary. The output 
for the omni array was 12.44W per sq ft of array panel (Section 
Sill). (10V/ft A 2 was a conservative number used in the preliminary 
analysis of Section 5. 1.1.1. For later analysis a number closer to 
actual orbital numbers (12.44) was used.) A sq ft is actually four-sq 
ft panels with solar arrays on both sides. The- power output per panel 
sq ft is: • • 

12.44 V/ft A 2 

- - 3.11W/ ft“2 of panel 

4 panels 

In terms of solar cells,, (because cells are on both sides of the^ 
panel), the array output is 1.9tf per sq ft of actual solar cells. 
These numbers are the orbital average output power of the solar array 
(Cursory projection refined numbers will be presented later). Similar 
numbers (V/ft A 2 of panel) produced by other solar array orientations 
will be used to compare the solar array performance. 

Before describing the performance of ‘various types, of solar array 
configurations, it is Important to describe the phenomenon of the Sun 
angle. Figure 5-19 shows a slcetch of the Earth/Sun "solar system" and 
the Sun beta angle for an inclination angle of 0 deg (orbit plane is 
the equator). The Earth's equator is til-ted about 23 deg to the 
Sun/Earth line; thus producing summer/wiater. For a spacecraft 
of^iticg in the equator plane with nadir orientation, the Sun's angle 
to the orbit plane will vary from zero deg (equinox) to +/- 23 deg. 
Therefore, the angle from the solar, array to the Sun will vary with the 
time of the year. Also, the Sun/solar array angle will vary with the 
spacecraft inclination -angle. This-beta -angle -variation effect_ypuld 

not be important for an omni pattern array, except for the Earth 
eclipse. The effect on other solar array designs of the expected 
Sun/array angles will cause variations in -■ the solar array outputs da * 
pending upon the satellite inclination angle. 

Figure 5-20 shows the beta angles possible for the satellite in the 
equator plane. Beta angles vary from zero to 23 dag with respect to 
tha 7LZ satellite orbit plane. The variation of the beta angle for the 
zero inclination angle spacecraft is caused by the Sun's seasonal rota- 
Th« sixlflua possible btti inglt for nt8llit% inclination cnglos 
o c her than zero would be the sum of the inclination angle and 23 deg. 

BETA (MAX) - 23 ♦ Ai 
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For inclination angles ochar than zero, nodal regression will cause the 
orbit plane to rotate and the .satellite beta angle to vary between + 
and* beta max. 

_ 3v using the beta angle technique, analyzing tha effect of spacecraft 
motion on the spacecraft solar array oucput is easier. The solar array 
output of any satellite will vary with inclination angle, season of the 
year , etc. With beta angle, a**, analysis can be done which reveals 
orbital, output allowing satellite power to be properly sized. 

The beta angle affects three important factors: 

* solar array oucput 

* satellite eclipse time 

* satellite thermal effects 

The thermal effects will not be addressed in the study. The satellite 
eclipse time is the time that the satellite is hidden from the Sun by 
the Earth. Figure 3*21 shows the satellite eclipse angle vs. the satel- 
lite beta angle. Note that for beta angles greater than 70 deg for an 
altitude of 650 lea, the eclipse angle can be_180 deg,. In ''other words, 
periods will exist for satellites with inclination angles greater than 
deg where the satellite will view- the sun continuously. Figure 5-22 
>hows the eclipse time as a percentage of orbit vs. the beta angle. 
The eclipse time in minutes vs. beta angle is exhibited in Figure 5 - 23 . 
5The solar array output is greatly affected by— the angle of the sun co 
‘the solar array. 

father than addressing the projected output of a particular solar array 
configuration, the analysis first looked at the output of single arrays 
tilted toward tha velocity direction and toward the orbit, normal 
— ^(Figure- 5-24) . Any MSSP array configuration-will be-a-combinacion-of 
these arrays. The MSS ? spacecraft is assumed to be nadir-pointing but 
uncontrolled in yaw. 

^Figure 5-25 is a brief description of the solar array orbital average 
T^ower output power equations. The array output constant is assumed to 
-be 12.44V per sq ft. This number will be dependent upon many factors, 
’including temperature, array glint angle, and radiations effects. For 
this analysis, which is the array configuration, it will not be a 
crucial factor. 

Figure 5-26 and 5-27 show, for various tilt angles, the orbital average 
outputs of a solar array tilted toward the spacecraft velocity direc- 
tion. The top curve is the orbital average output for a zero degree 
tilt; the solar array is pointing anti-nadir. The zero degree 
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Rgure 5-23 Eclipse Time Versus Sun Angle Beta 
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Rgure 5-26 Power Output Versus Outer Panel Tilt Angle 


(Panei Tilted Toward Velocity Oirecticn 0* to 90*) 
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tile shows chat che orbital power produced will decrease as & cosine 
funccion with the. Sun angle. When the Sun is.ae 90 deg, the Sun is 
positioned at the: edgo of the solar array for che full orbit and the 
solar array will produce no oucpuc. 

Figure 5-27 shows snail variations of power oucpuc as the tile angle «f 
che array is increased. Figure 5-26 shows che variations of power for 
l* r 8 er tile angles. The 90 deg tilt is when che solar array is mounceri 
co che side of the spacecraft. The power oucpuc with an array cilc of 
90 deg and a beta angle of 0 leg is much lower chan che 0 deg tilt. 
This condition is caused by che array being hidden during part of its 
orbic by che solar eclipse. As the beta angle approaches 90 deg, the 
90 deg cilc array oucpuc approaches the output of che 0 deg tilted 
arra y* these solar array configurations were che only choices, then 
for a satellite orbicing ac 28.5 deg (beta max - 51.5), che optimum 
array choice would bo a 0 deg tile and the solar array size would be 
calculated using 2 riV/sq-f t average array ’ output.- The sizing of the 
solax array must use che lowesc orbital average power oucpuc. If che 
inclination angle were 57 deg, ic would not be possible co build a 
suitable array wich only a forward Cilc because of che zero oucpuc when 
beca equals 90 deg. 

Fi 5*re* 5-28 and 5-JS show the orbical^—eypragepover output from an 
array diced toward the orbic normal or coder d righc of che satellite 
and the Sun as che satellite flies. The zero degree cilt has che same 
resulcs as che forward cilc of zero degrees. As che angle of cilt 
increases, che power oucpuc for a beta angle ofjzero decreases and che 
oupput for che higher beca angles increases. Figure 5-29 shows chac 
_for a cilc angle of 90 deg, che power oucpuc aoproaches a sine wave 
wich zero oucpuc when che beca angle is zero and 12.44 when che beca 
^Sl® 1® 90. The 90 deg tilt condition exists when the solar array is 
mounted to the side of che spacecraft looking to che righc side of the 
spacecraft. Both Figures 5-28 and 5-29 show elevated curves for beta 
angles of 50 deg or larger. The eclipse region is slowly being reduced 
while the tilt effect is being seen. For example, the 25 deg cilc 
power greatly increases for beta angles between 60 and 70 deg and then 
proceeds with che normal decrease expected for beta angles between 70 
and 90 deg. 

When che angle of the array tilted coward che forward direction is 
negacive (tilted backwards), che orbital power output will be of che 
same form as a positive cilt angle. When Che angle of che array tilted 
coward che array normal is negative, che result will noe be the same. 
Figure 5- 30 shows che orbital power output for a negative angle. 
Again, che zero angle is like che ocher zero cilc angle eases. For che 
ocher Cilc angle, the outputs are sine cype variations down co zero 
oucpuc when Che cilt angle plus che beca angle equals 90 deg. 
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5.1.2.1 SEIXCrE3Jr*R3A^^CimiCOTATIOWS 


ROOF TCP AWAY 


Th«orbical average- power v oucput-*of the- -roof cop array of Figure 5-13 
can be calculated by using the information from -Figures 5- 26— through 5- - 
30. Figure 5-31 shows this, array configuration oucpuc when che 
spacecraft flieavith the edges of" Che j *rrays in che velocity dirac- 
ticn. The t>-c arrays (positive and negative tilt) seem to complement 
each other and produce a -flatter ~ response vs. beta angles especially 
for the 25 deg tilt angle. However, ... if., .the. spacecraft, were to yaw by 
90 deg, che array output would become as that in Figures 5-26 and 5-27 
and would be unacceptable for the -higher beta angles. Therefore , the: 
array configuration must be. symmetrical. 

FLUSH HCXJ27T ARRAY ; 

The flush -nounced sclar array is always the most desirable from a 
structural and deployment standpoint. Figure 5-32 shows che orbital 
average power oucpuc from an array of four solar arrays around a box 
structure. The arrays have a 1.5W/ft*2 orbital oucpuc when the beta 
angle is tsro and a much larger output when the beta angle 4 is .90 deg. , 
If ^solar arrays were new placed on the -op .’q^ the .spacecraft; box, more 
output would be obtained for the low betsrangles . Figure 5-03 shows 
th^. comparison of solar array outputs for four flush panels with their 
oucpuc, an equal-sized top array, and four flush panels with s top 
array twice .the size of the side panels (weighted array). The curves 
arm curput per sq ft of array. The five panels will oucpuc more power 

-chin the four panels, but the criterion is the array efficiency. The 
weighted arr^y has a higher, average power and a much flatter response 
of output vs. solar angle. 

_HAITSAPD_ROCF 


The Hansard roof is an adaptation of the flush mount array. The arrays 
are tilted with respect to che spacecraft rather chan flat as in che 
flush mount. Figures 5-34 and. 5-35 illustrate che orbital-average 
oucpuc of four panels tilted with respect to the spacecraft (no Cop 
panel). Figures 5-36 and 5-37 illustrate che orbital average output of 
a complete Hansard array configuration. The four .panel arrays with a 
tilt angle of 55 deg seem to have the flattest power output response. 
The power oucpuc on an orbital average basis is about 3X7 per sq ft for 
a beta angle up to 80 deg and a minima of 2. 55 .‘ When the fifth panel 
or che cop penel is -.added, che optima cilt angle, is closer to 75 deg 
which has a output of about 2.4 W/ft A 2. .. 

If ehs average required spacecraft power was 66V, the four panel array 
would consist of 26 sq ft of - solar., array or four panels, .each 6.5 ft. 
sq. The five panel Mansard would raquire 27. 5 sq ft of array or five 
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panels (including che cop panel) each 5.5 sq- ft. The five panel 
Mansard is hoc quite as - efficient as-' Che four panel design, but che 
structure vould be smaller producing' a - savings' in - launch cost 
compensating for che larger number of solar cells. The trade between a 
Mansard and four element array will also depend upon- the- spacecraft 
mechanical and: deployment considerations. 

OMNI PATTERN 

The omni pattern solar array is che combination of two arrays of four 
panel tilted arrays (excluding thu shadowing effect of the ocher solar 
arrays and the satellite) . The first array is orientated upward and 
produces the. same. power outputs. The second array is orientated to 
nadir. The addition of the downward- looking set of solar arrays pro- 
vides a more uniform power output over an extended portion of che orbit 
during which the upward arrays are beyond 90 deg to the Sun. The down- 
ward arrays do not produce much output for low Sun angles because the 
array is either blocked by eclipse or is facing che Earth rather rtian 
che Sun. Uhon the Sun is at a high beta angle, che combination produces 
a uniform total pover output independent of the spacecraft yaw 
orientation.- Figure 5-38 illustrates the orbital average output of the 
omni array with, the tilt, angle from C- to 55 deg. The- optimum tilt 
angle is about 45 deg. The average ^output is 2.C5W per sq ft of solar 
array (eells'-bn boch side of panel). This ^ nu m b er is Very close to the 
previous' estimate of 1.9W per sq ft. ' 

The advantage of the omni solar array is uniform total power output 
(excluding eclipse)'. The four panel array^ will produce a sine wave 
type of powsr output and the power controller will have to be capable 
of regulating che power output for varying power. The lower panels 
extend the pover output cycle between eclipse region and the power 
output of the upward panels. The omni array has an additional advan- 
tage of producing about che same pover output as if che spacecraft were 
.inverted. The disadvantages of t he omni arr a y is that wh il e the s econd 
sec of arrays will increase che pover output for che same panel area 
and smooch this pover output, it is at the cost of using a set of 
arrays in a very low efficiency mode. The system pover output per sq 
ft of solar array will be 2V per sq ft rather chan 2.4 and this does 
not include blockage due to che satellite. 

5. 1.2. 2 ARRAY OPTIMIZATION CONCUJSION 

The solar array configuration must be a balance of cost and perfor- 
mance, especially for the multiple spacecraft. The cost of an addi- 
tional battery and more expensive - power controller is much less chan 
the cost of solar arrays and deployment mechanisms. The solar array 
configuration must also be syDseCrical and must provide che min im u m 
frontal area to reduce spacecraft torques due to aerodynamics . The 
four panel Mansard array with a tilt angle of 55 deg will provide this 
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balance . The array size • for., a . 55V- system, assuming a 12.44 array 
constant and a 1.1 charge efficiency, would be:-., 

: i’ 55/ ( 2 . 55/1 . 1) - 23.7 sq : ft • ^ • ’'"-..a, 

-or each panel would be about 6 sq ft (30 in. x 30 in.) 

The ooni array area required would be; 

(55/(2.05/1.1)) - 29.5 sq ft ~ 

or etch of tho * four panels would bo about 7.4 sq ft (32.6 in. x 32.6 
in.) with solar arrays on both sides. * 

The frontal area of the omni would be almost twice the flat array. The 
weight, deployment mechanism, and doubling the' number of solar cells 
would drive up ther omni cost. 


The final conclusion of the size and shape of the solar arrays is a 
compromise between. the mechanical configuration of the satellite for 
minimum cost through launch. The design must consider^ the projected 
temperatures which modify the array constant ^12. A4W/ft"2)^ : :the size of 
the ahtetma for HSSF, and the area-to-mass • ratios forltbe gravity 
gradient boom stabilization. The curves presented in this analysis can 
be used in the final satellite configuration. 

5.1.3 POWER SUBSYSTEM AND CONTROLLER ANALYSIS ~ 

V 

The power requirements of the MSSP spacecraft were narrowed during the 
MSS? second working group team meeting to 55V. (During the t* ird work- 
ing group meeting, the power level was increased to 75V. Thi analysis 
was performed with 55V, but the conclusions are still applicable.) 
With this information, the” power subsystem confi gura tion c oul d~b IT ad - 
vancad. The design cannot be. finalized, but several areas impacting 
MSS? cost can be identified. This section will state the basic re- 
quirements of any satellite power subsystem, the MSS? power require- 
ments, and analyze the possible subsystem design. 

’The three main arses of design for the power subsystem are power 
"controller, battery size, and solar array configuration. The solar 
'array configuration, discussed in the previous section, is a major 
driver in the selection of battery size and the power controller. This 
section will analyze the MSS? battery and power controller. 

5. 1.3.1 BASIC TESETS OF POWER SUBSYSTEM DESIGN> 

The following tenets are the arses of design crucial to the performance 
and life of the power subsystem. 
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BATTERY SIZE: The battery size Is controlled by the amount of power 
(current) outputted by the solar array at - maximum output, minus the 
minimum load current. required by the satellite. The maximum current, 
which can be -controlled, by various neans.,1 must; be Less than, the battery 
specified charge rat* (C/x).. The batteries; must also, be large enough 
to supply power, for night spacecraft' operation within the allowable 
state of battery discharge. 

SOLAR ARRAY SIZE: Tha solar array sire must be large enough for the 
daily orbital average power worst case to be greater chan the daily 
power usage. 


BATTERY FAILURE: Battery failure is strictly a function of the battery 
temperature. If allowed to become too hot the battery will fall. The 
battery thermal control will require the satellite surface- finishes to 
allow the satellite to run cool. The battery charge control will have 
to limit battery overcharge to limit battery heating (battery size). 

a- 

BATTERY LIF E: The battery life is a function of the depth of discharge 
chat the battery is repeatedly exposed to and the total number of dis- 
charge cycles. An optimum level of depth of discharge is 80 to 90 

^percent. Depths greater than these will greatly shorten tha expected 
batter^ life. - . i — - 


! **the design concerns to be addressed can now be "listed in order of prio- 
5 ricy . 

* SATELLITE FOVER SUBSYSTEM CONCERNS : 


•» 

* 


1- Satellite Power Required 

2- Solar Array Power Output Variation With Orbit 

3- Satellite Load Variation 

4- — Battery Wei ght-And -Size- 

5- Satellite Power Control System 


The satellite power subsystem concerns are. listed above. The first is 
the magnitude of the power required for the satellite, antenna, and 
radio. It also determines the sire of the solar arrays. The second 
4 concern, the solar array power output variation, (addressed in Section 
5.1.2) will require sizing the solar arrays so that the output is suf- 
ficient to supply the required power on an drbital average. The 
satellite power load variation will require that either the satellite 
batteries are large enough to prevent large overcharge currents, or 
more costly charge current controls will be needed. The battery size 
and weight, and the satellite power control system are the two para- 
* meters which must be negotiated. The battery size and weight, which 
impacts satellite launch cost, must be traded with the additional cost 
of an expensive battery charge control system. 


5. 1.3. 2 MSSP SATELLITE: REQUIRED- POWER : - 

The following- power levels were de fired during Che-second working aeec-. 
ing. Alchough.rhe -requirements changed later in che study,- the. analysis 
from the second -working group levels will, be used here. These numbers 
will noc decreet from Che final conclusion of Che analysis.. Section. 
5.1.5 discusses Che final design conclusions with final power require- 
ments. 

Item Power avg watts 

Antenna 5 


- « 
a 


Radio 

Proces; or/antenna 
Processor/baseband 

Satellite 

Power 

Thermal 

AC&C3 

C&DH 

TotiL 


30 


10 

11 




5. 1.3. 3 BATTERY SIZE 


Tfie satellite battery size is dependent upon power control techniques. 
Tift simplest approach is Co use current limiting, where che bactery 
" ckpacity divided by 10 (C/IC) is equal Co thepaak charge capacity. 
- This approach requires large batteries. The second approach uses a 
power controller to limit peak charge dependent upon che bactery temp- 
erature and sizes cho battery capacity ac C/2. This second approach 
- — ailowx-smallar battery capacity, but— causes-ocher-pro blem s discussed 
later. 

The bactery sizing will be dependent upon the acceptable charge race 
and che solar array output capacity. From Section 5. 1.2. 2 with a 55W 
system, che solar array si z* ia 24 sq ft. The peak array output with 
panels tilted 55 deg is: 

24 sq ft x 12.44V x cos 55 deg - 5.12 amp 


r - ft* 33.4V 

The batteries will first be sized with a power controller so that che 
peak charge capacity can be C/2. This controller would limit che 
charge depending upon the battery charge as indicated by the bactery 
voltage and temperature. But, che battery is sized by che max charge 


C/2 - max.. array oucpuc - min load “ 

C/2 - 5.12 amphr -55W/ 33.4V " 

C --7.0 ; :-s • 

Tha simpler power control method, where battery currant limiting is 
used to control the -■ battery" charge , would require that the battery 
capacity be « determined by the same equation as the temperature- 
controlled unit, but with a maximum charge rate of C/10. 

C/10 - {2.1 * HW/ft A 2 * 5.45 ft A 2 -55] W / 33.4 /V 

or, C - 21.2 amphrs. 

Tha battery is subjected to a trickle charge once a full charge is 
obtained. The simpler power control approach requires larger bacter* 
ies, vhich Increases weight and could increase satellite size. 

The trade between the two controller approaches is cost and weight of 
<the additional batteries vs. cost of’ the controller design, fabrica- 
tion, and reliability. If the complex power controller is_chosen, then 
the type of controller must be chosen'. -AnofKer* parame ter affecting the 
-'trade is satellite lifetime or battery depth of_ discharge. The battery 
-»siza must be sufficient to allow the depth of discharge of the batter- 
ies to be within the desired levels. The depth of discharge will occur 
^ during the night-time of the orbit, or for 32-min of a 96 min orbit (32 
of 96 or the worst case beta angle must be chosen for this 
calculation). The depth of discharge will be:-- 

55W/28V ★ 32 min * 1 hr/60 min - 1.05 amphr 

For_a_4 . 24 amphr__battery ,._ the depth — of_di.»cha L ge- wiLL be_L.05/4^24 or_ 
25 percent. Effects of the size of the battery and the depth of dis- 
charge can be seen in Table 5-2. 

... TABLE 2 DEPTH OF DISCHARGE VERSUS BATTERY SIZE 

DEPTH OF DISCHARGE (%) BATTERY SIZE REQUIRED (AMPHR) 



If the depth of discharge is required to remain below:. 5 to 10 percent: 
in order to extend the spacecraft life time, the battery sire must be 
expanded Co between 11 and 21 amphr, - . 

The battery sire needed to ensure low depth of discharge and satellite 
lifetime is basically the sire needed frr the simple power control. 
Both the satellite lifetime and. controller , requirements are met: by 
using the larger size batteries . Because the- battery size comes in-, 
units of 6 amphr, the optimum battery size would be 24 amphr. The 
final sizing of the batteries and power controller will depend upon the. 
final power system requirements . The preliminary conclusion is tfcat 
the simpler power controller with larger longer life batteries is the 
best choice for the MSS?. It will mean that no network processing 
capability will be required for the power system control. 

5.1.4 POWER SUBSYSTEM TRADES 

As part of the MSSP Phase I study, various, techniques described in this 
section, were investigated as either new technology or techniques to 
reduce the cost of the MSSP satellites. The MSSP extra battery storage 
describes the possible use of larger batteries to filter the duty cycle 
transmitter on/off operation. The solar array trade describes 
an approach to reduce the amount of solar— ^rray by oricnpiting the 
satellite and yavingfthe spacecraft 180 deg every 37 days of so. The 
larger spacecraft battery trade analyzed the use of- larger batteries to 
* lower the required solar arrays. Although the results of these 
analyses were not positive for the MSSP, the analyses are presented as 
part of the work performed during the MSSP Phase I study and as part of 
the open-minded approach in solving the MSSP low cost objective. 

■5. 1.4.1 MSSP EXTRA BATTERY STORAGE 

The pre lim inary ana lysi s of the pow er subsystem d eter min ed that the 

lowest power system was also the lowest cost. Although this was a 
fairly obvious conclusion, it is dif fictile to operetta on a 40V power 
subsystem when the radio requires an average of 80V. A possible solu- 
tion is to use extra battery storage. 

Extfra battery storage would filter the variations of system power re- 
quired. The 80V of power will not be required continuously but depend 
upon how active the MSSP system is. For example, if 80V is used 
continuously for 20 min end then not used for 170 min, the long term 2- 
orbit average power is actually lower than 80V. If the non- transmitting 
power required is 30V, the average power would be 35V. The differen- 
tial in power (30 to 80V) for the 20 min could be made up by using a 
larger battery which filters the power requirement fluctuations: a 
battery filter. 
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Tha aquacicn for-che Vs izing of-the-extr*: battery Is :. 

" ’ fr • * ‘ • 

( ?e ak povar - system ‘--powar y^r duty - • factor * 3.2 hours: ampar 


30V * di s char ge^capac i cy"^*^****^ V 


■ j 1 ■ ;•" «*«je ’■«£«>•• 

■ 4 '•} ’••; 

■ 'r ■ I a, 

» ■ J .^‘V 7 - ^ /. 


. ?:* . 

? . -V’ J' '* v r'' 


where: 






Peak. power: required power during transmit 
System power: nominal power system capability 

. - r : « ****** .w^f * 

Duty factor: percent of transmit time on two orbit basis 
Discharge;. capacity: allowable depth of battery discharge 
3.2 hours: -2 orbits ; 96 minutes per orbit ; 

30: system voltage 




For a 40U power system (orbital average) , a 30W non- transmit power, 80W 
transmit power average, and a 20 ' percent duty factor over two orbits 
1(3.2 hours), the additional battery capability with a 20 percent depth 
of discharge - would- be:- , __ 

r-r tr-Vr ?s 

(80-40) * 0.2 * 3.2 - 4.3 amphr ' " 


m.- 

>V- 
o Ml* 


.> - 
■w 




30V * 0.2 dod 


~ Figure 5-39 shows the required battery sire foy transmit duty factors 
from 0.1 to 1 with various depths of discharge. The figure shows that 
- for a selected battery sire, if the duty-factor were to increase inter- 
mittently, the depth of battery discharge would increase. The depth of 
discharge is regulated to increase the battery life. However, inter- 
nal ttent (In terms of days) depths of discharge as greatas 80percent 
would not greatly decrease battery life. Therefore, the battery filter 
is a compromise that can be stretched as needed. 

! Tha systom most be able to recharge the battery filter between periods 
* of high active duty. This capability is balanced when 

(system power •" nontransnit power) '* j;2 

(transmit power ..required nontransmit- power) * 3.2 * duty 


ti-mr 


factor 


ciawsL^ -v wspwifewu: • fln «ea^:f*s^sa Mrc*R**e*f- v 
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TRANSMIT DUTY FACTOR 

Four# 5-39 Battery Capacity Needed Versus Transmit Duty -Factor (Oecth of Discharge 20 to 80 
, Percent Power System 40W. Transmit SOW. Non-Transmrt 30W) 




0.40 050 0.60 0.70 

TRANSMIT DUTY FACTOR 


A/N 7621m 


Figure 5-40 Battery Recharge Time in Orbits Versus Duty Factor (After Two Orbits 


At Outy Factor (40. 8a 3GW System) 
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For che previous example : 


i m? *&*&?*-' -~F J 


(40-30). * 3.2 - - (80-30) * 3.2 * 0.2 - — ~ 

_The system is balanced with a 20 percent duty factor.- When -the system 
operation is b«yond 20 percent, several orbits - will, be required to 
recharge the batteries. Figure 5-40 shows the recharge time, in 
orbits, required vs. the duty factor of a two. orbit time frame. The 
time required - to recharge is obviously coo -.long to expect the 
spacecraft to be "out- of the system" . 

A possible first cut for MSS? would be a compromise of cost with inputs 
from ocher team members (radio and antennas). The compromise chosen 
'expands che power system .to 50W and uses, a 40 percent duty factor. 
Figures 5-41 and 5-42 .are plots for this system. System parameters' 
are: ._ ( 

System power: SOU orbital average 

Required power (non- transmit) : 30U 

- - v Transmit power (total): 80W 

' Solar array size (orbital): SOW - . - \ 

;«£»- ' 

^ Battery, size (filter included): 12 amp/hr 

Transmit duty: 40 percent 
Depth of discharge: 20 percent 

100 percent duty factor depth of discharge (two orbits): 55 percent 

— Recharge 100 percent duty-factor:— t hr ee orb i t s — 

» 

The important parameter is that Che relative duty factor will have to 
be defined. This factor is a cost/performance trade that must be made 
to lower satellite cost. A final conclusion to this trade was not 
^obtained because the coommieations system parameters such as duty 
factor were not completely defined during Phase I of che MSS? study. 
The trade is presented as a possible aid during Phase II. 

S.l.4.2 SOLAR ARRAY TRADE 

The most costly subsystems for the spacecraft are. attitude control and 
tpowor. The power subsystem consists of solar arrays, batteries, and a 
“power controller. ' The solar arrays comprise 70 to 85 percent of che 
cost of this subsystem. If a trade were made to reduce che cost of 
this subsystem, the emphasis must be placed on reducing the cost of * 
solar arrays. This analysis will discuss two possible opci 




BATTERY Hf CHARGE TiME ORBITS BATTERY CAPACITY (AMP- HR) 





TRANSMIT DUTY FACTCR A/N 7521/»» 

Figure 5-42 Battery Recharge Time in Orttite Versaa Duty Factor (50, 80. 30W System) 
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orienting the arrays and spacecraft- to increase the array effic.er.cy. 
and vain* larger bacterids to overcome the array eificiency during low 
beta anrles. The -spacecraft and array orientation Is presented with a 
possible savings, but it Is not entirely clear that this option should 
be selected for MSSP. The cost of the required atticude control does 
not negate the possible array savings for a 75U^ system. The larger 
battery option was analysed and found not to be advisable for MSSP. 


3 . 1.4. 2.1 aRRAY ORI CITATION DETERMINES ARRAY EFFICIENCY 


The solar array analysed for the MSSP consisted of panels arranged 
around the spacecraft such that the average power was maximized at 2.5U 
per sq ft on an orbital average. This array configuration is the most 
efficient when the MSSP is designed with no yaw stabilization. A =ore 
efficient Array configuration (more watts per square foot independent 
of beta angle) can be obtained only if the.-solar arrays are orientod 
toward the Sun.- This orientation can be accomplished in two f ashionf : 
30 anting the arrays rn a ginbai that is pointed at the Sun. or rocati^j 
the spacecraft such chat the array is pointed coward the Sun. The 
first option is not entirely viable because the giabal approach has 
several negatives - mainly coat, reliability, and lifetime of tne 
mechanical system. 




The seqend option has benefits. hue .also ^cost and performance trades , 
This op cion involves rotating spacecraft in— a fashion similar to the 
MASA/BASD Earth Radiation Budget Satellite (ea3S). The spacecraft -s 
rotated in yaw 130 deg every 27 days (for a 57 deg inclination angle), 
"n simple terms, if the spacecraft has four solar panels facing ..or- 
Card, aft. to the right, and to the left, and if the Sun were to the 
right, then the performance of the panel facing to the left would de- 
tract from the efficiency of Che system. Likewise, if the Sun wore to 
cha left of the satellite, the right panel would detract from the effi- 
ciency. The efficiency of the arrays could be increased if the satel- 
lite and panels wars rotated to orient the panels tovard-the-Sunand 
'delete* the panel on the other side of the spacecraft. 


Bafore further description of satellite rotation, the phenomenon of the 
Sun beta angle should be described. Figure 5-43 shows e spacecraft 
orbit around the Earth relative to the Sun. If the Earth were a per- 
fect sphere, the orbit plane would be fixed relative to inertial space 
and the angle to the Sun would rotate once per year. However, the seme 
phenomenon that causes the nodal regression of the satellites for dis- 
persion will cause the orbit plane to rotate. The orbit plane rotates 
with respect to the Sun by the rate. 








t ■y.-'-VVX.’XtiXsrr- ■ »... ..._.. 


w — 


360 

365 



+ (R a /R tt >h)]' / ‘cos Af^-'~ 


- - -, ^jamma*. m****." 
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a*"- Earth radius; h -altitude; Aj: orb Lcinclination angle. 
The angle from the orbit plane to the Sun will be of the fora: " 


fi — 23 sin a tt + Aj_ cos wt 


,,v» - ~ ** 

'* '■ Xt-is-. * VSntSt- v- 


Twenty-three deg is Che obliquity of the.ecliptic or tilt of the equat- 
orial plane. out of the ecliptic which results in a seasonal oscillation 
(sunmer/wincer) , and Ai refers, to the inclination angle -of *•, the 
spacecraft orbit. Dividing 180 deg by the orbit rate. gives- approxi- 
mately 37 days for a 57 deg orbit (approximately 81 days for 80 deg 
•’tbit). For the rest of this analysis, 37 days will be -discussed. It 
arust be recognized that different delays will occur for. different 

orbiC3. If an observer were standing on the Cop of the MSSF, the Sun 

* would appear to be on the left and. then rise overhead and continue 

« until it was on the right; it would then scan froa the right back 

overhead to Che left. Actually, every Ciae the Sun passes overhead it 
m is * c opposite sides of the orbit (if a reference nark existed on the 
-'t orbit), but regarding the solar arrays, it does., not natter. 
r> ; ■ V • -- •• -*■ ap-- 

jl- The angle of the Sun out of the orbit plane or beta angle wilt” vary; as » 

shown in Figure 5-44. The horizontal axis is ciae in nonchs; the vert- 
r, leal axis is beta angle, both plus and ninus. The curve shows a high- 
s’ frequency ripple, which is the rotation of .. th e orbit plane around the 

f Earth and a low-frequency ripple, which is the~+/- 23 deg of the eclip- 

tic plane. The curve shown is for a satellite at a 28.5 deg inclina- 
tion. 


Figure 5-45 shows the power output of various solar panels. The bottom 
_l.. cu rve shows the output of a four- panel array ti lted down 55 deg. T his 

array outputs almost a constant power independent of beta angle. When 
the beta angle is zero, the output is reduced because of the 55 deg 
tilt. For high beta angles, the output is. reduced because only one 
panel is in clear view of the Sun. The ocher curves show che outputs 
of single panels facing toward the orbit noraal and tilted down 25, 45, 
r 55, and 65 dag.. These array outputs would, be obtained only if che 

satellite could turn around and fly backwards every 37 days.' The turn- 
around would orient the array to che right ... or left depending on the 
engle of the Sun. T , 


The first item to note froa the one-panel curves is the high output for 
high beta angle because the total array is on one. sida of the satellite 
facing che Sun; The second item is that for a tilt angle of 25 deg, 
the minimum output at beta equal to zero is 3.5V per sq ft. This output 
is 1.4 times the output of the four-panel array (3.5/2V5). In ocher 
words, by che simple rotation of the satellite every 37 days, che size 










Figure 5-45 Power ol Single Array Panel Versus Bela for Various Tilt Angles 








of Che solar arrays could be reduced by 30 percent. Since che array 
cosc is 70* to 85- percent of che power subsyscea cose, chis would 
reduce che cose of che subsyscea by 20- to 24 pereenc. 

The problems wich che yaw-around system are: 

o Required yaw control 

o Required yaw- around technique 

o Required control software 

The required yaw control refers to che yaw control capability of che 
spacecraft. The spacecraft must be oriented coward che righe or left, 
wich a ■*■/* 20 deg oriencacion. The yaw control can be chis unre- 
strained because a -*■/- 20 deg variation will not have much effecc for 
che low beca angles. Also when che beca angle. is large che projected 
solar array will be reduced, buc the array outpuc capability is large. 
Since che array would be deployed and oriented such chae its long di- 
rection is in che sacelliea velocity direction, che array would tend to 
stabilize che spacecraft in yaw. 

Thp required yaw-around technique refers to che means of causing che 
satellite co rotate 180 deg in yaw every 37 days.' This could be 
accomplished by pllfcing a wheel on che satellite wichits spin ‘axis 
oriented nadir. The wheel would spin approximately every 37 days for a 
certain number of revolutions (depending upon che final sacellice 
weight and ...physical characteristics). The wheel would Chen be shuc off 
and che sacellice would rest at che new yaw position. The on/off use 
of che wheel would greacly excend che wheel's life, and ics design 
would be much simpler Chan Chat for an attitude control wheel. Rota- 
Cion of che sacellice could extend for days because rocation is neces- 
sary when Che beca angle nears zero deg impact. This wheel should also 
cosc much less chan an attitude concrol wheel. If che wheel cosc $S0K 
-and che- array savings were 22 percent — of — a-$400K- power— ay stem ,— the — 
sacellice could save $40K. 

Two ocher options exist for yaw-around: 

* o With a pitch wheel 

* # 

^ o With a magnet 

Each of chese options provides a viable approach for yaw-around. How- 
ever, more analysis is necessary to define the amount of network 
processor concrol necessary to produce che procedure. The pitch wheel 
cost would be che $30K discussed for attitude control. The magnec 
would simply be a wound electromagnet that should cosc approxim.ir^iy 
$100. The on/off spin wheel cosc is therefore in che middle. 


The yaw-around software refers co che added capability required of the 
network processor, which would be required co time the approximately 37 
davs between rotations and then command and count the wheel rotations. 
Figure 5-46 shows the array output as shown in Figure 5-45 vs. days (Ai 
- - 57 deg and the Sun at the equator) with che beta angle in 10 deg 

steps. The beta angle would increase to 57 deg max or 18.5 days. The 
■err's* on Figure 5-46 refer to the fact that the Sun angle is limited 
to 57 deg. When che eccentricity of the Earth orbit is included,, the 
number of days between rotations will vary; but- as seen in Figure 5-46, 
the allowable error is in terms of days, not hours. 

A side benefit of the yaw-around is the satellite thermal concern. 
Since a particular side of the spacecraft is always facing: the Sun, the 
ocher side will be facing cold - space. This will allow better control 
of the spacecraft thermal surfaces . This factor would ease the design 
of thermal surfaces chat radiate • heat from . the hot components of cha 
satellite, such as the power amplifier. If. louvers are used on the 

spacecraft, they would be placed facing out the cold side of the 
spacecraft. The solar panels would have a defined cold and hot side. 

~ Conclusion ■ , 

* -V "W ’ ' 

- .Table 5-3 presents the possible benefits^antf'V ne gatived of the' "yaw- - 
. * around " technique. As stated previously,' this! technique is .presented 

- as a trade for the MSSP. It : has been used on a large spacecraft with 
1 larger solar arrays, • and “he cost savings was considerably greater. 

•y The MSSP savings will not be as great and mustrbe traded with the other 
~ spacecraft operation considerations. A clear-cut decision regarding 
che viability of this approach for MSSP cannot be made until both che 
amount and final cost of attitude control are determined. However, it 
does not appear that the savings is sufficient to warrant additional 
d esign cost. 

5. 1.4. 2. 2 LARGER SPACECRAFT BATTERIES 

This trade involves the use- of larger spacecraft batteries with the 
?:• yaw-around approach discussed in Section 5. 1.4, 2.1 to reduce the size 
* of the solar arrays . If larger batteries were used and the batteries - 
were allowed to discharge to 60 percent depth of discharge during the 
periods of the beta angle close to .zero deg, then the solar arrays 
could be designed for a higher output in watts par square foot. Since 
che cost of batteries (commercial type) is less chan the cost of solar 
arrays, a total system cost savings might be gained. This trade proved 
not to be feasible. However, since the trade was r analyzed, and since 
other parameters in the future might allow this trade to be possible, 
it is presented. 
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Figure 5-46 Power of Single Array Versus Pays (Be t a in 10* Slaps) 
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TABLE 5-3 TRADES OF YAW-AROUND SPACECRAFT' 
BENEFITS' ' ' s ' u '- " : ' ’ ' . ’ NEGATIVES" 




* ARRAY EFFICIENCY " 

more watts/sq ft 


★ARRAY DEPLOYMENT" 

complicated deployment 


★ DEFINED THERMAL INTERFACES ★ ROTATION DEVICE 

cold side for thermal dissipation wheel needed to rotate 
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" ★ YAW CONTROL 

solar array ociented to help yew 


★ YAU CONTROL 

processor needed to 
time yaw- around 
+/- 20 deg 


* SMALLER SOLAR ARRAY 
A louver launch cost 


★ SPACECRAFT YAW 

impact on communication 
when S/C rotating 
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The solar array oucpuc presented in Figure 5-45 showed chac che array 
oucpuc increased with larger beca angles. ... Also, as shown in Figure 5* 
46, che amount of time spent at -the low beca angles is relatively small., 
because of che sine function of the beca angle variation. If larger 
Bacceries were used and. che. depth of discharge of the bacceries was 
allowed Co increase during low beca angle , che array could be designed .. 
with a smaller sire. for., .che.:.- larger oucpuc race. The periodic large 
depch of discharge of che bacceries could accually help condicion che 
bacceries and would not gready degrade baccery lifeciae. The baccer- 
ies would go through a large depch cycle race once every -37 days for. a 
57 deg inclination, or about 50. cycles in five years. As, a baseline for 
a trade discussion, ic is assumed chac che spacecraft power needed is 
75W with' 80 percenc convertor efficiency and a factor of 1.2 for 
array /baccery charge efficiency. Or. che array power needed is: 

1 . 

75 * ... * 1.2 - 112V 

0.8 

Figure 5-47 shows solar array cose vs. array oucpuc with an assumed 
array cose of $7K per square foot. These numbers will vary wich che 
final satellite design and production cost variations , but che shape of 
the curve and che conclusions should be valid.. Also i&hown in Figure 5- 
47 is Che rate of cost change vs. array output. ' "The item to note is 
chac che impact of power oucpuc change from 2.5 to 3.5V per sq ft is 
located jusc about at che knee of che curve. Increasing che oucpuc to 
4W -might be an improvement, but increases beyond 4V will noc produce 
great savings . 

Using che data from Figura 5-46, a 112V array, and a battery depch of 
discharge of 60 percent, the battery site necessary to replace che 
power from che solar arrays can be calculated by integrating che data 
in Figura 5-46 . Figure 5-48 shows th e bat tery site needed vs . s olar 
array oucpuc for a yaw- around system wich tile angles of 25- and 35 
deg. The 25 deg eilt, for array output of less chan 4.5V per sq fc, 
requires the least baccery complement. However, the battery site for 
even a 4W/ft*2 output is large: 33 am p/hr. This magnitude of baccery 

would produce both battery and weight increase costs that would exceed 
Cfya savings of the solar arrays. 

Conclusion 

The array savings will be outweighed by che cost of Che batteries and 
therefore is noc a viable trade. 


POWER: 112 WATTS 



Rate (Walts/Sq.Fl.) Versus Array Cost ($7k/Sq.Fl.) 










5.1.5 POWER SUBSYSTEM CONCLUSION 


The power subsystem is the main cost driver for the satellite bus for 
the MSSP. This point was stressed throughout the-Phase. I study, irie 
main cost for the power subsystem was shown to be the solar array *•«' 
T =terms of both base cost and additional cost for launch. The sinai 
power requirement for the MSSP was concluded to be 7 5W. With this 
- - • - • - - - the power subsystem are: 


power level the final parameters 
Power level 
Array type 
Array size 
Depth of -discharge 


75W 

four-panel Mansard; 55 deg til: 
8 . 1 sq *ft 
5 percent 


Battery size 


36 amphr 


Power controller Current limiting 

•s».. 

Several technioues to limit the size of the solar array, ware - analyzed 
to reduce the satellite system cost. The Mansard solar xrriy design, 
which maxim ized the array configuration for power output, was very 
beneficial. Trades of battery size and satellite orientation for re- 
duced solar array size were analyzed, but did not produce cost savings. 
However, these trades may be considered again-if che requirements of 
the MSSP mission cause future changes in duty factor or attitude 
control. 


The cost of power for a 75W MSSP satellite is about $3K per watt for 
the power subsystem components. Structure, test, and design cost will 
raise this value tcTabout $5K. When launch-of-the-power-subsystem-is 
also considered, the total cost of power would be about $7K per watt. 


f 
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5.2 SATELLITE ATTITUDE CONTROL 

The satellite attitude control subsystem must provide a stable platform 
to - achieve communication*- which is--, the main -mission requirement. 
Selection of the attitude- control subsystem design is -pivotal in a 
number of tradeoff studies with ocher subsystems (such as ai.te.uia, 
power, thermal, and orbit determination) in establishing the cost 
effectiveness of the overall mission design. Previous MSSP system 
studies by ESL (Technical Memorandum No. ESL-TM1632, 15 June 1983) have 
found gravity gradient stabilisation systems to be most cost effective. 
There are, however, a wido variety of gravity gradient systems 
available . The studies presented in this section help to quantify the 
cost and performance of the various gravity gradient stabilization 
systems. 

-5.2.1 GRAVITY GRADIENT POINTING ERROR SOURCES - . 

The basic gravity gradient system consists of a passive damping device 
and an extendable boom that is used to separata two end masses. The 
seperation of the end masses typically produces transverse-to- 
longicudinal inertia ratios in the range of 10 to 100. This results in 
gravity gradient torques chat restore the longitudinal axis coward the 
local^vertical . The bhsie system does not provide^^any" restraint about 
the longicidinai axis so that yaw is uncontrolled. - 

Soommiesign technology developed rapidly during the 1560s in an effort 
to minimize thermal bending effects. Thermal bending can result in 
instabilities chat degrade pointing performance. This was particularly 
apparent in the early systems when long booms (20o or more) were used. 
The- MSSP design should not be subject to thermally induced 
instabilities since a short (10M or less) rigid boom is planned to be 
used. 

The damping device is required to damp out roll and pitch libraticn. 
The simplest passive damper (hysteresis rods) consists of a triad of 
orthogonal magnetically permeable -rods. Rotation of the triad in the 
Earth's magnetic field produces hysteresis losses. A magnetic ball 
floating inside of a conducting sphere is the ocher commonly used 
dampier (eddy currant damper). The magnet follows the Earth's field. 
The rotation of the spherical shell, with respect to the magnet, 
produces eddy eurrenc losses in the conducting material. 

The eddy current damper gives better performance than the hysteresis 
bsrs;buc is more expensive. Both types of dampers produce disturbance 
torques on the spacecraft due to the changing directions of the 
magnetic field in the orbital reference frame as the spacecraft goes 
around in orbit. The disturbances vary inversely with the damping time 
constant. A typical value for the eddy current damper la one degree of 
disturbance with a one day time constant. 
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A wide variety of >rher damping mechanisms hava baen proposed. Some of 
them ware bulls and flown on- -early gravity gradient satellites. Cr.e 
damper that flew on fcur APL satellites in the early 1960s was the 
lossy spring between the end of the" b<~oa and - the tip mass .- The time 
varying centripetal force, resulting from libration, caused cha.tip 
mass to move in and out. therebv absorbing the libration energy in the 
mechanical hysteresis of the- spring. The lossy spring was usea in 
conjunction with hyst&resis rods. The use of the lossy spring was 
discontinued after* realizing that the- rods used alone were effective. 
All of the other dampers, except hysteresis rods and tddy current 
dampers, have also been discontinued and are not commercially avail- 
able. 


host gravity gradient systems are designed to operate in nearly 
circular orbits. The time varying orbital "rate in an elliptic orbit 
tends to pump libration in the orbit plane. The- orbital eccentricity 
(e) produces a once per orbit sinusoidal pitch oscillation with an 
amplitude of. 

f - (RAD) where ^ ~ x * 

3 a y-i ly 

For a typical gravity gradient satellite, *-thm rcll '(lx) and pitch (Iy) 
Inertias azs approximately equal end at least one order of magnitude 
greater than chs yaw (Iz) inertia y-1. The eccentricity of.iiSSP will, 
be less than 0.CC15 to keep a reasonable altitude variation between 
satellites. This results In a pitch amplitude, of less than C.l deg. 


Two potential disturbances to the attitude- of a gravity gradient - 
stabilized spacecraft can be minimized by careful configuration 
control. Both the aerodynamic drag and solar radiation pressure 
torques are strongly dependent upon configuration. The following 

design goals — are given- to — help minimize _the — .effect of the s e 

disturbances: 1) The required boom length is minimized by equally 
dividing the mass of tha spacecraft between the two ends. 2) The area- 
to -mass ratios of the two ends should be the same to minimize aerodyna- 
mic disturbance torques. 3) The end masses should be of a convex 
cylinurically syunetrle design eliminating variations in torque as s 
function of jaw attitude. 4) The surface properties of the evo ends 
should be similar to minimize solar eorqum. The ideal configuration, 
from an attitude control viewpoint, would consist of two identical 
spheres as end masses. 

BASO has examined a number of different spacecraft configurations with 
peak solar radiation and aerodynamic torques st 625 ka altitude ranging 
from 5 x 10’^ Nm to 5 x ,10'.* Nm. These are often the dominant 
disturbance torques for configurations at the high end of chis range. 
Residual magnetism is usually the dominant disturbance for the 
carefully configured spacecraft at the low end. 
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The aerodynaaic Corqua dacraaaaa with atmospheric density at higher 
altitudes, but it will still be significant . .625. ka. altitude. . The 
time: variations of the disturbance torques may. lead to resonances. The 
maximum aerodynaaic torque variation will be * due to the diurnal bulge 
in the atmosphere caused by _ solar, heating.. Haxiaua density occurs at 
about Id: 00 hr and minimum density at 3:00 hr .local solar tine. The 
corqua will appear priaarily as,- a biased sinusoid at the orbit rata 
about the orbit -normal. This torque can cause pitch oscillations at 
orbit rates that are several, degrees in - amplitude in, low altitude 
orbits. However, this corqua is not the aain concern. Smaller torques 
aay produce much ^larger attitude responses if they appear at the 
resonant frequencies /3vo in pitch or 2wo in. roll. Vo is the orbital 
frequency or 2Pi/pcriod or approxinately 2PI/96 minutes. 

Tl^e pitch aerodynaaic torque is a function of the yaw attitude for 
concave configurations . The deployed solar arrays shadow each other 
and the aain body by different amounts when viewed from different yaw 
angles. The aerodynaaic torque in free molecular flow depends directly 
on Che araa projected into the wind. Consequently, the pitch torque 
will oscillate as the rpacecraft rotates in yaw. The critical yaw 
rotation rate is 3/4 wo for a typical configuration with 4 deployed 
arrays. Thir yaw rate produces e pitch disturbence torque at the 
resonant frequency in pitch. The propensity of the satellite to 
maintain the cvitiewi yaw rate (about 0.0266 ^ deg/sec ' for MSSP) is 
dependent upon the configuration. Some configurations result in almost 
no yew torque. Others, with canted arrays, have yew torques that vary 
wi ? ch pitch attitude. Generalizations on this potential pitch resonance 
should be avoided since it is so strongly dependent upon the details of 
the configuration. 

Roll is also subjected to a naturally occurring forcing function at 
resonant frequency . Solar radiation pressure has a component at the 
seco-.id harmonic of orbital frequency for eclipsing orbits. The 
-aaplituda-of tha- second -haraonic roll — torque — is — a -function of the 
location of the ascending node with rsspect to the sun line. 
Consequently, the duration of tha maid nun resonance conditions depends 
upon inclination angle which deteraines the nodal regression rate. 
J.M. Vhi.snant and D.K. Anard refer to a 9 dag libration amplitude being 
produced by this resonance in an engineering note on pages 743*744 of 
the June 1968 Journal of Spacecraft, Vol. 5, No. 6. Presumably, the 
second haraonic of an aerodynaaic torque in yaw could couple into roll 
through the yaw rate. 

It should be observed that one of the principal reasons for adding a 
constant speed pitch wheel to a gravity gradient* stabilized spacecraft 
is to break up the resonances described above. The wheel provides yaw 
restraint. This prevents a constant speed yav rotation that may 
produce pitch disturbance torques at the pitch axis natural frequency. 
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The wheel also changes Che natural frequency in-roll so-thac the 
naturally occurring second harmonic- disturbances will not. be in 
resonance . Ir is a commonly held. , misconception -that- a wheel is added 
only to improve yaw pointing. Significant improvement in pitch and. roll 
can be achieved by the addition of a wheel. Pitch and -roll amplitudes 
can be limited to the order of one degree for a carefully configured 
design chat includes a pitch wheel, such as GEOSAT-A launched in March 

1985. • . - x: 

The following table gives the documented pointing performance, of four 
basic gravity gradient systems. The data for "OSCAR- 14 and CEOS- II is 
actual flight data as presented by D.K. Anand in the Journal of the 
British Interplanetary- Society, Vol- 26, pages 641-661, 1973. The 
TRANSIT 5A flight data is from a paper by F. Mobley and R. Fischell at 
the Symposium on Passive Gravity Gradient Stabilization which- was 
published in NASA SP 107, 1966. The more recent GEOSAT flight data is 
given in J. Hunt's paper AAS 86-052 which was presented at the 1986 AAS 
Guidar.cs and Control Conference. * 
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Spacecraft 

3ooa 

Length 

CSCAR-14 

30.5 


TRANSIT 5A 
30.5 


CEOS- II 
3,6 


CZOSAT 

6 

y. 


<■* 


TABLE 5*4 

PERFORMANCE OF BaSIC CRAVITY. GRADIENT. SYSTEMS 


Pointing 
Accuracy 
3 a 

Roll 10 dag 
Pitch 30 dag 
Roll 6 dag 
Pitch. 6 deg 


Vertical 7 da* 1.208 Re 0.032 


Roll 1 deg 
Pitch 1 deg 


Seal-Major Eccentricity Daaper Tip 

Axis Mass.- 

1.169 Re 0.004 Hysteresis 1.3 kg 

Bars 

1.117 Re 0.003 Hysteresis 1.8" kg 

Bars and 
Lossy spring 

Eddy 3.2 kg . 

Current 

Eddy 45 kg 

Current and 
Wheel"' ' 


1.125 Re 0.003 


4 


4 


4 
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Table 5-5 1* copied directly from Anandis paper mentioned previously. 
It shows the percentage of time that the boom axis of CEOS II was 
within a specif iedj angle of nadir. These, entries are based upon 434 
data points taken during two separate time, intervals. 

.H’' • >■' TABLE-5 - 5 - - --si'-;- *• ■■ 

QUANTITATIVE FUCHT PERFORMANCE OF CEOS -II 



Number, of 

Frequency 

Cumulative - 

vert 

data., points*" 

% ■,‘s: 

- frequency, % 

0 deg-1 deg 

7 

1.6 

1.6 

1 dag- 2 deg 

62 

14.3 

15.9 

2 deg- 3 deg 

130 

30.0 

45.9 

3 deg-4 deg 

140 

32.3 

78.2 

- 4 deg-5 deg 

73 

18.0 

96.2 

- 5 deg- 6 deg 

... 14 

3.2 

99.4 

6 deg- 7 deg 

3 

0.7 

100.0 




♦Data points recorded at- one-minute 
255, 


intervals on days 135-138, 254 and 

1968. 


i 
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5.2.2 GRAVITY GRADIENT SUBSYSTEM COST ESTIMATES ~ i - 

The cocal cost of the, attitude stabilization subsystem includes 
hardvare and launch cost, cost of providing electrical power on-orbit, 
plus design, integration, and test costs. The last three items depend 
upjm the specific design configuration selected and. oust be priced on a 
case by case basis. A first approximation of cost can be made on. the 
basis of hardware, launch, and power costs of generic components of 
gravity gradient stabilization systems. Table 5-6 gives the estimated 
size, mass, power, and. cost of various components for gravity- gradient 
stabilization of MSS? class spacecraft. The cost figure Includes the 
estimated price from the vendor plus $3.4 K/kg for launch cost plus 
$5.0 K/V for on-orbit power. 

The certainty of the cost numbers in this table varies greatly. In 
general, the costs have been adjusted by the potential vendors to 
reflect purchases of several hundred units in 1990 dollars. The most 
notable exception to this is the eddy current damper where the 
potential vendor could only quote a single unit price. The other 
significant exceptions are the hysteresis bars and torque rods. It: is 
anticipated that the extreme simplicity of these elements will permit 
dramatic reductions in the vendor prices for these components. If this 
assumption is incorrect, then the price of e torque rod could be as 
much as $3CK more chan that shown in the table. - 

Note that the attitude determination equipment has been Included in the 
cable for the sake of completeness . Attitude sensor telemetry will be 
desired during the prototype demonstration flights to verify pointing 
performance. No attitude sensors are planned for the operational phase 
r bf the program. 

Four different configurations of ADCS components for a gravity 
gradient- stabilized spacecraft are given in Table 5-7. The cost 
-numbers— for each system design are- summed — f rom -the-component costs- 
given in Table 5-6. Consequently, the system cost numbers given in 
Table IV Include launch and power cost but do not include design, 
integration, and test. The pointing performance entries are derived 
from digital simulation results presented In the next section. The 
four entries under performance are deviation from the local vertical, 
roll, pitch, and yaw, respectively. The deviation of the boom axis of 
the satellite from the local vertical is approximately the square root 
of the sum of the squares of roll and pitch. For small angles, roll is 
the angle about the velocity vector, pitch is the angle about the 
orbit-normal, and yaw is the angle about the local vertical. It should 
be emphasized that pointing performance depends upon the satellite mass 
distribution, boom length, and environmental corques. These particular 
results are for the specific parameter values described in the 
following section. 


COMPONENT 


SIZE . 


TABLE 5-6 

ADCS COMPONENT CHARACTERISTICS 


MASS POWER COST COMMENTS 


Bi-Stea Boom 

llca x llca x 15ca 

1.0 kg 

- 

43K <20 Extended 

Hysteresis 

0 . 6ca diameter 

1.0 

*8 

- .- 5K * 8-55ca. 

sections 




— 

Bars 

4.4 Total Length 



embedded in 

i 

Swlar 









arrays 

Jiddy Current 

13ca high 

3.0 kg - 

140 K 70,000 Dyne- 

cm- sec 





_ Damper 

15ca diameter 



Damping 

Constant 






Mounting Flange 




Constant 

15ca diameter 

2.5 kg 

8.0V 

125 K 1.0. Nas 

Speed Wheel 

lOca length 



k 


• — 

- - — 

v ;v ?****» - 4-,*.-. - • • - _ -• 

Sc&nwheel 

17ca diameter 

6.8 kg 

3.5 V 

144K 5.7 Nms, 25 mNm 


ISca length 


30.0V 







Sc«jiwheel 

15 ca x 15ca x 7 . 5cm 

1.6 kg 

2.5V. 

- Included vich 

Electronics 




Scanwheel 

_ Torquerod 

2.1ca diameter 

0.9 kg 

0.7V 

10K 30Am 2 

* *■ 

56ca length 

’* 



V->v Stnsof 

11 Sea diameter 

3 kg 

3W 

75K 4° x 4° FOV 

iC W - yQiUV/i 

25ca length 




Mr jnetoaeter 

7ca x 7ca x llca 

0.4 kg 

1.4V 

51K 3 - axis sensor 

Jiagnetoaecer 

14ca x 14ca x 5ca 

0.8 kg 

- 

Included with 

Electronics 




Magnetometer 
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TABLE 5-7 

ADCS SYSTEM DESIGN COMPARISON 


CONFIGURATION 

PERFORMANCE 
~ .(Deg) - 

Local Vertical, 
Roll, Pitch. Yaw 

MASS 

■ ~ *. '• ' ' ‘ 

POWER 

COST* 

A) Booa, Hysteresis 
Bars 

19.4, 17.8. 7.8, 
180.0 

2 kg 

0 

$54. 8K 

B) Booa , Eddy 

Current Damper 

5.3, 4.5, 2.8, 
180.0 

4 kg 

0 

$196. 6K 

C) Booa, Hysteresis 
Bars , Constant 
. Speed Wheel 

2.3, 1.0, 2.0, 
2.5 

4.5 kg 

8W 

$228K 

D) Booa, Eddy 

Currenc Daaper, 

1.8, 0.2, 1.8. 
0.4 

6.5 kg 

8W 

$370K 


Cbnstant Speed 
Wheel 

. • • ~ ■ 

Cost includes**. hardware, launch, >and : - -;fn*orbic * power 



5.2.3 SIMULATION RESULTS 


BASD has developed a digital computer simulation of the attitude 
dynamics of an MSSF class gravity gradient-stabilized spacecraft. This 
simulation has been used extensively for preliminary design and 
perforaanca prediction. In general, the simulated results correspond 
closely with the wealth of data on gravity gradient systems that has 
been published in conference papers; journal. articles, and technical 
reports over the last 25 years. The majority of r. this data is of 
interest only to detail design engineers and will, not be recounted 
here*. Instead, four specific simulation runs will, be presented that 
support the pointing performance predictions that were made in the 
preceding section. 

The orbit used in these four cases was a circular orbit at 600 km 
altitude with an inclination of 80 deg. The magnetic field modal used 
in Che simulation was the tenth order spherical harmonic expansion 
given in the 1985 IGSF Model. The atmospheric density model Included a 
diurnal bulge 2 x 10*^ kg/m^. The peak aerodynamic torques resulting 
from the diurnal bulge were 7.4 x 10*6 *j n and occurred once per orbit. 
The ascending node of the orbit and time of year were selected to 
provide an orbit with 25 percent eclipse time. < ^This resulted in solar 
torque components that were nearly sinusoidat^tf^’ibch and on-off step 
shaped in roll. This phasing was deliberately selected to maximize the 
Content of the second harmonic of orbit rate in~the roll disturbance 
torque. The amplitudes of the pitch sine wave and roll step solar 
torques was 0.6 x 10*6 Nm; Note that the c onditions given above 
represent a worst ease combination of environmental disturbances. 

The simulated spacecraft had roll, pitch, and yaw moments of inertia of 
lx,- Iy “ 198.8 kgm^ and Iz - 17.3 kgn>2. For aerodynamic and solar 
radiation pressure torques calculations, the spacecraft was modeled as 
tw o e nd b odies se pa rated by a boom of negligible area. The lower bod y 
had a cross sectional area of. 1M^ displaced f cm from the center of 
mass of the system. The upper body had a cross sectional area of 
0.02x2 and was displaced 7.3M by the boom from the system's maSs 
center. In all four simulated cases, a residual magnetic dipole of 
O.lAm* (100 Pole-cm) along the boom axis was Included. 

Figure 5-49 corresponds Co configuration A in -Table 5-7 which is the 
least expensive gravity gradient stabilization system. The hysteresis 
bar damper in this configuration consists of three orthogonal rods of 
AEM 4750; each rod is 0.75m long end 2.5mm in diameter.. The saturation 
magnetization of the rods is Is - 10*6 T* s i a> The primary disturbance 
to the pitch and roll attitude is due to the induced magnetism in the 
rods. This disturbance varies considerably during the course of a day 
as the Earth's magnetic poles rotate in and out of the orbit plane. 
Yaw is unrestrained and rotates through thirteen revolutions in twenty- 
four hours at an average rate of slightly less than one revolution per 
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orbit. The oa xiaum deviation of the boom axis from the local vertical 
is 19.4 deg. It should be noted that this large error is due to a 
worst case sec of environmental torques and chat design optimization 
nay. result in appreciably better pointing performance. 

Figure 5-50 corresponds to configuration 3 in Table IV* which uses an 
eddy current damper in place of the hysteresis bars. The eddy current 
damper simulated in this case has a. damping constant of Kd-0.0014 Nos 
(14,000 Dyne-cm-sec) . The pitch and roll errors are greatly reduced, 
from the preceding case resulting in a maxi mu m pointing error from - 
vertical of only 5.3 deg. The yaw attitude is still unconstrained; 
hovever the average yaw race is now reduced to approximately one 
revolution per lay. Once again note that some pointing performance 
improvement is possible by optimizing the system parameters. 

Figure 5-51 corresponds to configuration C in . Table 5-7. This 

configuration uses the same hysteresis bars as configuration A and adds 
a small constant speed pitch wheel. The simulated angular momentum of 
the wheel is 0.25 Nm. The addition of the wheel has coupled the roll 
and yaw motion with a nutation frequency of approximately 5.2 wo. 
Without the wheel, the roll libration frequency was 2wo which was in 
resonance with the second harmonic of the disturba nce V torques .\ 

Fijjpre 5-52 corresponds to configuration D in Table 5-7. This 

configuration uses the same eddy . current damper as configuration 3 and 
ad4s a 0.25 Nms pitch wheel. The pointing performance in roll and yaw 
is ^approximately five times more accurate than for configuration C. 
However, the pointing performance in pitch is only slightly better. 
Consequently, the mA-vimum deviation from the vertical is not 
significantly better for the momentum bias system with the eddy current 
damper than it is for the momentum bias system with the hysteresis 
-bars v ' ; — 

5.2.4 CONCLUSION 

The purpose of the analysis of the satellite attitude control system 
was to establish the performance capability and the system cost. The 
performance of a gravity gradient system can be enhanced with the 
addition of various components. The performance is obtained in 
discrete steps with increases in weight and cost. 

The computer simulations have shown that the pointing errors with a 
worse-case environment can be as large as 19 deg with uncontrolled yaw 
or as small as 2 deg with less than 0.5 deg yaw control. The 5.mportant 
factor to be traded is the cost trades of attitude control vs. pointing 
compensation via the spacecraft antenna. 

Analysis by the Phase I antenna team members has shown that the antenna 
and network processor can compensate for the attitude error (Section 
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5.5) at. relatively low costs. The final working group meeting 
estimates for the payload • radio and antenna was $100K to S200K. 

> The antennas can compensate for the uncontrolled yaw by their required 
-azimuth scan capability/ The antenna designs presented use the 
elevation scan capability of the crosslink antenna co provide complete 
* up/down link coverage and reduce the site of the up/dovn antenna and 
therefore, the diameter of the spacecraft. These benefits - cost, 
performance and size - direct the conclusion that the attitude control 
system be a gravity gradient boom with a eddy current damper. 
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5.3 SPACECRAFT COMMAND AND TELEMETRY 


A normal spacecraft command and te leue try subsystem is necessary to 
reconfigure the spacecraft and gather information on the status of the 
spacecraft. However. the MSS? spacecraft is not typical. The 
spacecraft payload is the antenna, radio, and network processor. The 
pay' a ad provides the satellite communication. Most commands or 
telemetry information is resonant within the network processor. Actual 
spacecraft reconfiguration commands were not identified during the 
Phase I study but, if needed, could be simply provided via an interface 
with the network processor. Spacecraft telemetry which is mainly 
health monitoring of the spacecraft and payload can be provided also 
via an interface with the network processor. 

5_. -V. 1 SPACECRAFT TELEMETRY 

i^ecraf t teleaetry, ‘mainly concerned with voltages and teaperatures , 
i -^necessary to monitor the systea and analyze spacecraft failures. 
Th$; le^el o: teleaetry will be dependent upon the state of spacecraft 
development. During the breadboard and prototype phases, more 
teleaetry will be required than flight model spacecraft. 

Several factors, such. as the magnitude of the telemetry, increasing .the 
number of channels to, be monitored, and ground station capabilities, 
will increase the cost of the systea. The type of telemetry to be 
monitored will also affect the tost. Temperature data with 

conditioning circuits (to develop voltage for the thermistors) and 

analog/digital convertors are the most expensive, analog data (voltage 
f or RF power monitors) requiring analog/digital converters are second. 
_ar.d serial digital and bilevel or 1/0 truth data are least expensive. 
Temperature, voltage, and signal levels are generally more important 
for troubleshooting than bilevel data. 


Table 5-8 is a preliminary telemetry data list and dependent on 
acceptance by radio and antenna personnel. 

More telemetry channels may be desired but limiting the number to 40 or 
320 bits (8 bit analogs) would enable data restriction to one message 
packet from the satellite. Another advantage is that no changes would 
be required between the breadboard, prototype, and flight models when 
testing in the thermal vacuum chambers is done. 

The final amount of telemetry will depend upon what is needed, in 
addition to performance ar.d health telemetry, by the radio and antenna. 
The ABACS subsystem has a telemetry listing for roll, pitch, and yaw 
attitude sensor telemetry which is only needed on the breadboard ar.d 
prototype units which have sensors to verify the attitude control. 
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Sp icecraf t 


TABLE 5-8 . 

PRELIMINARY TELEMETRY- UST ~ 


Radio 


Antenna 


Power /■-/, » 

Battery current 
— , Battery cell balance 
; Battery voltage 
— Solar array current 
Regulator voltage* 

Battery teoperacure 
Solar array teoperacure* 
Heaters 

Thermal . (In subsystems) ' 

Structure (in subsystems) 

CSmZH r 

Network processor teoperacure 
Kecvork ref birs(?) 

Ketvork processor injection 


Boca position 
Wheel^ speed 
Wheel Power 
Wheel Teoperacure 
Roll Attitude 
Pitch Attitude 
Yaw Attitude 
Up/down con trollers 


A2>SrCS 


Teaperature monitor 
Radio ACC 
R F power monitor 
?A current monitor 
?A teoperacure 
Oscillator teoperacure 


Antenna temperature 
Antenna reference bits 


Analog 


4 bilevels 


Analog 
8 Bilevels 
Analog 

Analog 


8 . bilevels 


Analog 


3 Analogs 
8 Bilevels 
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The spacecraft telemetry is gathered by an Interface box within the 
spacecraft stored, in the network processor memory. The process for 
reading performance data such as the radio AGC which is only valid at 
certain times will have to be determined. The analog data will be 
converted into an 8-bit, 0 to 5 volt by a 0 to 511 count analog- to- 
digital converter. The telemetry can be taken by the interface at a 
relatively slow rate and stored into the network processor memory. 
When a determination has been made that the health of a spacecraft is 
of concern, the ground station can call the network processor which 
sends data stored within the processor memory simulating traffic data. 

The network processor could also process the telemetry data. The 
health data in the spacecraft will have nominal levels for all of the 
data chanrels verified during the breadboard testing phase. Therefore, 
limits +/- will exist for the nominal levels for the performance and 
bilevel data and definitely exist for the voltage and temperature 
(health) data. These data ranges could be stored in the network 
processor memory and then verified by the network processor that all 
data read is within stored nominal limits. A health bit 1 or 0 stating 
that all checked parameters are within predetermined limits could then 
be inserted in the overhead of any massage. from the satellite. 

** ^ ^ • -r* ■"..v-- ' 

The format for adding information to the overhead., such as health data, 
vill^have to be determined; however, incorporating such a format would 
greatly eliminate the amount of ground station support needed to 
maintiin the system creating a large control jcost saving and more 
autonomous system. 

5.3.2 SPACECRAFT COMMANDS 

Commands external to the network processor are not envisioned. . Uplinks 
_to__the spacecraft surh as ephemeris data, time data, or a request fojr 
spacecraft status would be handled internal to the network processor. 
Any external commands would require an external interface with 
telemetry for confirmation and would degrade system autonomy. If 
required, by the radio or antenna, the command function could be 
accomplished by the network processor and an interface circuit which 
would drive latching- type relays. 
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5.4 SPACECRAFT CARRIER CONFIGURATION 

This analysis was performed as a means of generating an approach to 
deploy the satellites at the desired altitude and identifying any cost 
drivers which would impact the satellite design. The primary 
conclusion is that as the satellite size increases the number or 
satellites per launch decreases and the total system cost increases. 

- 5.4.1 SPACECRAFT CARRIER CONFIGURATION 

The carrier provides the means for launching a group of MSS? spacecraft 
on a single structure, thereby eliminating the need for individual 
propulsion systems on each spacecraft. The Orbiter Maneuvering Vehicle 
(CKV) places the loaded carrier in the proper orbit. The OMV then 
-returns the empty carrier to the orbiter to be re flown - at a later time. 
.Launch costs are reduced by flying as many spacecraft as practical, on a 
carrier to minimize "the number overall of. flights needed to place the 
systea on orbit. 

Various confi gurations were considered to try to optimize the packing 
density capability of the carrier. The best configuration uses a 
hexagonal ^shaped structure rather than square. If, however, the hex 
structure shows by analysis to be marginal- in. capability or too 
ficult to properly manufacture to the required tolerance, then the 
^quare*based concept will have to be reconsidered. 

Each of che five : - rriars shown in Figures 5*53 through 5-57 occupy the 
same amount of cargo bay length and are all fabricated using five-inch 
• square aluminum tubing. Concepts 1 through 4 can carry 13, 15, 17 and 
19 spacecraft each, respectively. Although the 17 -hole carrier would 
be the obvious choice, loads analysis may again dictate one of the 
smaller versions - concept 2 or 1 - be <rsed, as their structures employ 
-better— load paths - throughout the pr i ma ry structure 

The most efficient carrier, the 19-hole hex structure and spacecraft 
were initially selected as the spacecraft carrier configuration 
baseline. However, since a 28-inch antenna became a possibility, a new 
carrier was configured and is shown in Figure 5 — 57. 

Launch costs per spacecraft are increased as the number ofr'spacecraf t 
per carrier are decreased. The impact that antenna diameter has on 
launch cost as a result of carrier volume being consumed by the larger 
antenna follows: 

Antenna Diameter 

18 in. 

24 in. 

28 in 


Spacecraft per Carrier 

24 

19 

12 
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180 in. PAYLOAD ENVELOPE 



Figure 5-56 Satellite Carrior Concepl 4 






Thetiapact of a site change of^the. MS S is^tvo. > f o l d Best des Che *s 

possible increase in- cost due to shuttle bay length or weight increases 
($1500/lb shuttle launch);?* a - «ore~~ba'six^f^ of " 

satellites per carrier on ^the* shuttle will .decrease. ^ The., phenomenon- 
that fewer large diameter' spacecraft can be launched per launch vehicle 
will be common for all- l of^ the- possible launch methods. Figures 5-58' 
aild 5-59 present three point curves, „ based ,- upon the analysis, of the 
three possible spacecraft diameters. . ~ 




18 24 28 

SATELLITE DIAMETER INCHES 
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5.5 RADIO/ANTENNA INTERFACES 

The. analyses of thm spacecraft Interfaces with the radio, and antenna 
summarized in this, section were conducted to establish antenna si^e, 
antenna shape, attitude .control V 3 . anter*na pointing and the concern of 
operation of the antenna and radio acv, high ' power* (10CV) in space. 
These analyses were performed, easier in ; the., Phase I study effort to 
identify concerns. The analyses provided inputs for a satellite 
stravman which was presented at the early working group meetings. Many 
of the trade considerations were modified or - the performance and 
interfaces of the radio and antenna were refined by those team- members 
in the latter stages of the Phase I study. 

The antenna pointing/attitude control analyses identified an interface 
problem which was resolved by elevation scan capability in the cross 
link antennas. The analyses of the possible antenna size and shape 
enabled a discussion with the antenna team members and an early start 
on the configuration analysis of the spacecraft solar arrays. The 
analyses of the radio/antenna high power operation demonstrated the 
capability of the spacecraft to operate with RF peak power averaging 
and identified other concerns of high RF power operation. 

S.jfl . ANTENNA POINTING ERRORS AND ATTITUDE CONTROL 

4s» ' - - * . ‘ 

The. objective of this section la Co identify — the antenna pointing 
errors and the resultant antenna pointing loss. As the error 
parameters are defined, a cost tradeoff of . antenna pointing loss vs. 
attitude control can be established. 

Based on antenna experience from ocher spacecraft, we have established 
-two- requirements for — satellite antenna — pointing; — 1-)- state-pointing 
errors and 2) show antenna gain, loss vs. error. The last requirement, 
less vs. error, will determine the Lspect of the attitude control. 


Errors associated with pointing the antenna have been determined. as the 
following: 1. antenna, mechanical error, 2.. antenna pointing error 

3. pointing calculation error, 4..- attitude control error, 
spacecraft movement. The errors can. be -defined as follows : 


1 ) 


2 ) 


3 ) 


The antenna mechanical . error is - the. physical ulignment of the 
antenna to the spacecraft attitude zero. . The value +/* 1- deg was 
chosen because it can be ^ obtained . without costly alignment 
procedures. 


The antenna pointing error is the real antenna. pointing error or 
the design capability of the antenna alonev 


The antenna pointing calculation error is the error of the: digital 
processor to determine where to point ~he antenna beam. 



<0 

5) 


Th« attitude concrol. error- is the satellite platform's ability to 
_ correctly orientate-che antenna-.. -s 


The spacecraft movement error is ^dependent upon the update time of" ' 

: the antenna, pointing terror (especially : ~a~ stepped* beam) ; Icr is' Ti 
essentially the. .grandularity of the.' antenna beam- positions . t 


The errors do not add to r a nvorse case. " A '“realistic method of 
calculating the total error, is .to calculate the root of the sum of the 
errors squared. The pointing error equation can be written: - 


2 2 2 2 -2 
<• - SQR( (el) -^(#2) ♦ (#3) + (#4) + (#5) ) 

With^areful fabrication and design the magnitudes of the mechanical, 
the real antenna pointing error, and the calculation error should be 
about 1 deg each. Therefore, the errors which are the main concern for 
the antenna and spacecraft are the attitude control errors and the 
antenna grandularity errors. 

V mm- • - ... . .-.-v- -Mr*'",'. -f ‘ 

The affect of an antenna pointing error is to reduce the communication 
system antenna gain. This error loss will increase- for higher gain 
antennas with narrower beaawidths. Assuming a 60 percent efficient 
antenna with a parabolic radiation beam shape. Figure 5-60 shows the. 
maximum system gain vs. the pointing error. For higher antenna gains 
with narrower beamwidths than those shown in Fighre 5-60, the final 
system gain with pointing losses will actually be lower. Figure 5-61 
shows the system gain loss (d3) vs. pointing errors from 6 to 16 deg. 
Since the MSSP antennas will have gains of 18 to 20 dS the pointing 
error . must-be less than 6 deg. 


The two important trades for the MSSP are the attitude control and the 
antenna grandularity to obtain system pointing errors less than 6 deg. 
The entenna grandularity is the capability of the- antenna to point a 
beam in a particular direction. The MSSP entenna is an electrically 
steered or switched antenna rather chan., a mechanically sveeped antenna. 

The antenna vill therefore point ins stepped. increments . The pointing 
loss vill be the valleys between the beam steps as shown in Figure 5 - 
62. The depth of the - valleys will be. - dependent upon the number of - 
steps" which are dependent upon the .physical size of the antenna." The 
attltudo control, erxor . is • dependent upon the - complication of the 
attitude control system. For the simple gravity gradient boom, the 
attitude control would be uncontrolled in yaw (azimuth) and nadir- 
pointing (roll and pitch) within .10. deg (3 sigma). If~a momentum-bias 
vneel is added, the attitude would be controlled - in yaw and nadir- 
pointing (roll and pitch) within 2 deg. Thus, the capability of the 
atiituda pointing is also grandular. --ts -'I Users'- •''ip 5 


(SP) NIVO WnVNIXVVI 
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Figure 5-62 Illustration of Antenna Parameters 
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In. addition co the trade of antenna grandularity and attitude control, 
is the possibility of using elevation scanning of the antenna and 
processing capability of the network processor. Analysis by the ocher 
team members determined that the network- processor could determine the 
yaw, roll, and pitch orientation of the., incoming RF signals. The 
scanning,., elevation, and azimuth capability of the antenna could then 
be used to compensate for the > attitude. . errors less chan 10 deg (3 
sigma): roil, pitch, and 360 deg yaw. 

With the antenna scanning compensating for attitude control errors, the 
error:"equation can be> rewritten:. . ''”*** m ~ 




2 2 2 2 

SQR^f T^T) ♦ <#2> + (#3r +K*5) ) 




The error due co accicude control (#4) Is eliminated. Since the errors 
o char than the antenna grandularity are approximately 1 deg each, the 
equation would be: 

*e - SQR |3+ (#5) 2 ) * 


Table 5*9 shows the system pointing error with antenna scanning co 
compensate for attitude error. The antenna grandularity is the angle 
between individual stepped beams.. The cable * shows chat when the 
antenna grandularity is greater chan 2 deg, the error will be driven by 
Che grandularity. . 
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The conclusion of this analysis is chae communication syscem pointing 
errors muse be less than 6 deg for an antenna gain of 18 to 20 dB (60 
percent efficiency) . The main error concerns are spacecraft attitude 
error and antenna- i grandularity: ' ' However , 7 analysis by-* other team- 
members has shown that the attitude error- can be compensated by the 
elevation and- -azimuth* scanning of the -antenna. Therefore,- the main 
error concern is ; the antenna scanning grandularity or beam step size. 

The calculations of error/loss were performed assuming 60 percent 
antenna efficiency. If the antenna efficiency is less than 60 percent 
and narrower beamwidths are used to obtain the required gain, the 
impact of the pointing- error will increase. 

5.5.2 ANTENNA SIZE 

The following analysis was performed early in the Phase II study to 
obtain an estimate of the size of the MSS antenna. The size impacts 
the required attitude control and the antenna pointing as shown in 
Section 5.1. Also, by estimating the size of the antenna, the analysis 
of the spacecraft configuration and possible solar array configuration 
could proceed. 

To create, a parametric presentation of the antenna size co determine 
spacecraft size, two assumptions were made:,. 

4 1. The antenna is mounted on a cylinder f and the antenna arrays are 
switched in segments around it. The grandularity of the switching 
around the cylinder was assumed to be A/4. 

. 2. As an increasingly wider antenna is used, a phase error occurs 
(Figure 5-63) due to the displacement .of the end elements off a 
flat plane. If the antenna were a multifaceted surface rather 
than cylindrical, similar considerations would have co be made. 
The maximum displacement was assumed to be A/4. 

Having as cablished these assumptions, the equation for~t&V~number^ 
antenna beam steps vs. the antenna radius is shown in Figure 5-64. 

Figure 5-65 shows the antenna step angle or the number of degrees per 
step of the antenna beam vs. antenna radius. The projected antenna 
array length antenna radius is demonstrated in Figure 5-66. 

Because of the allowable phase error of A/4 at the edge of the 
projected antenna, the antenna 3dB beamwidth will be broader chan a 
classical uniform array. However, with the use of the classical 
expression 

Bv*L/A - 52 
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L : PROJECTED ARRAY LENGTH 
0: ASSUMED TO BE X '4 
DEFINmON OF ARRAY 0 ERROR OF X/4 
0TPHASE ERROR _ 
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Figure 5-63 Antenna Phase Error 




X. /4 ANGLE STEPPING OF ANTENNA POINTING U. ANTENNA POINTING CAN BE 
STEERED AROUND TO POINT TO DIFFERENT SPACECRAFT IN X/4 STEPS 


.XMor . , -jLjj. 

CRCLEJS2IT RADIANS 

2n 

• OF ANTENNA POINTING STEPS* ^2n»4tfX 

8 

a an •rtx 


-DEGREES PER-STEP 


360 

a n • rt x 
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Figure 5-64 Antanna Beam Step: Degrees Pgr Step 






Figure 5-66 




an approximation of the antenna beanwtdth vs. the antenna radius can: be 
obtained and. is. shown, in Figure 5- 67 . ’<£. 


Noted on Figures 5-65 and : 5-57 are the antenna dimensions of 13. 2'*. 
and 28 in., for the: frequency of 3GH 2. .The j antenna^siza-assuined.-for. the 
spacecraft analysis was! 18 in. This’ dimension . wastlater” veritied by 
the team antenna 'members . The smaller dimensions provided a lower 


satellite launch cost. : \ 
5.5.3 MSSP RF POWER CONCERNS 



.The major topics to be discussed include the: eff ect of power averaging 
on the satellite ,rRF powerrand test considerations. receiver/PA turn-on 
concerns, and miscellaneous items such as. the RF limiter, and PA 


thermal ... 



POWER AVERAGING r( PA) /SPACECRAFT POWER -f ' 

To vary spacecraft range ...it. ’.may. be - necessary to vary-the duty cycle 
and peak power of the data packets. This requires chat the battery 
size or the rated depth of. battery discharge be increased. (The 
battery life is -dependent upon depth of ^discharge ....and., number of 
cycles.) ..i 

^The power subaystea is driven by ewo "factors: 7 " X '\ * 

(a) Solar array is sized so that orbital power input is equal to 

orbital power required. ’ . 

(b) The batteries are large enough so the drain during periods of 

charge below che bus.^ requirements does not drain che batteries 
below the specified depth of discharge. . ........ 


When the PA powe r is in cre ased for short periods of time , and the 
orbital average bus requirement remains the same, factor (a) above is 
not affected, but, factor (b)— will require -that the high power time 
periods be controlled. Either the high power periods can be shortened 
or tho depth of discharge of Che battery must be allowed to increase. 

The power generated by the - solar arrays will , be dependent upon che 
solar, array configuration, the. sun angle, and orbit position.. However, 
a simplified case of battery discharge can be derived. when the Earth 
eclipse period is considered. For- the -altitude of ‘concern, the orbit 
period will be about-96 min with 32- min of eclipse. The equation for 
the required battery capacity because of eclipse is:.. 

Avg power 32 -min 

* ■ - - Capacity * depth of discharge 

60 min/hr 


28V 









*dg£ ' •• r« 

' .’*" S.%3^'T*.'Zr %:*.:' ~Z' ZZ: ‘ 

The lacesc power numbers for MSSP ar%». 

££• -.*0 . •*&?;• xS&zlLz-. J./Ih ** tfv/ttc: ngi^. .•^i.^.- t %^, 

$- ^^-^W'-M^i^pAf^power-: . • itlOW- £•■ - -^^4 

Other power: 64W 


■ kt&jl • Jstf3V 


l ■'■f-jsi 5^r^s.^^T 

^ ‘•5^& V V*- ,. (’--. V<|a. .«£h2 • 


74W/0.75 - 98.7W (75 percent convertor 

efficiency) • ;.fr. -•.■*-;.*• - ■ •■; : .s-u> ■ 

or a-36 anp-hr- battery would work and : the final depth of discharge 
(DoD) would be 3.2 percent. , v& , y 

-The ’10W PA. la based on: - 

10W peak RF; 30 percent duty factor; 30 yercent efficiency; 

;?.v 75- percent de*dc . convertor efficiency. „ • r-c. :■ . • .-•>- v - 

.-10tx 0.3/0. 3 -10W, average or 13J33W with .dc-dc 

For 100W operation the PA power is: 

- 100W. peak; 10 percent duty factor;- 30 percent efficiency; 

75 percenc dc-dc efficiency. 

100 x 0.1/0. 3 - 33.33W avg. or 44 '»W including convertor 

efficiency 

The bus required power diring high power operation would be (64 + 

- 33 .~3)/ 0 . 75 ■» 129t 3W-.- — The— inp a c t of h ig h . po ver_pp_e ration woul d _be_co_: 

1) allow the depth of discharge (dod) to increase 


129.8 32 1 

. . x > 4 x - - 6 .9 parcenc 

28 6<f 36~ 


2p or ‘reduce ;the transmit., time 






2*^- 98^7. '. ** - 4 

&*** - ;x?32 aln • ;: 24 : .X®in v 

i 129.8 Tt/^rV 


• , .. n «*~ . 12 # . 


>'-• ;A.«,4<.. ?r+.' ^ it .■ ’ir' , 4.«£ -• */.r. . 4''fIvi'C‘ *? • « A . * •> - >■ *■' > 1 ^ -f. fLm ^ ,' 'g ' ' "" g 

Bfther of - these . options. .-are . acceptable compromises. .JThe. impact is 
lower than first expected because the bus power has increased to where 
the .percentage effect of , the , PA . power is lower; This analysis is 
;op timis tic~becaua a-. the^ orbital. charge is somewhat _ like a sine wave 
rather than an on/off eclipse/charge period. jThe periods of solar 
array output less than spacecraft power requirement will be greater 
than, the eclipse period (depending upon array orientation) . If the 

hizhrpower operation were-co-start ats the end of an .eclipse, when the 





bacteri.es have already discharged during normal eclipse operation, and 
che array output has, not. yet Increased, the operation ac high power 
could drag che bactery dod down co 8-10 percent. 

Transmitting for . 24.3 min with high power will affect the amount of 10V 
transmit time. Dead time or periods of no transmission will be 
required. 

The length of che dead time is given by: 

(33.2 . 10) * time (high power) - 1C * dead time 


dead time- — 57 min 


dead time - 2.33 * cim^ high 


power 

Twenty four minutes of high power operation will shorten low power time 
to only 15 min. 

If batteries with lover allowable dod are used, the problem is worse 
because a larger dod is multiplied by the power difference. This could 
be solved by spending more money to buy larger batteries. 

The impact , of the high power operation will be dependent upon many 
orbital parameters, but .the design could proceed in either of two 
atchods: 

a) state powers required (74V to bus) and high power operaclon - 
time-limited co 10 min P/A power - 33V. Dead time - 24 min. 

~b) state required high power opsraciontime required (T 3 D -minutes_33U 
P/A anytime) and the average power 74V. The satellite designer 
•will upgrade the power system to accomplish the desired DoD. Dead 
time ■* TBD. 

Either case would define a baseline interface and designs so that 
trades could proceed. 

Another concern of peak power averaging is the system thermal design 
The low power operation of 10V average power will dissipate an average 
of 7V with 3V average transmitted. The high power operation will 
dissipate 23V and transmit 10V average. ~ During some periods the PA 
will dissipate no power. The thermal design will be required to 
control the satellite temperature for all <>* *•*• * ld * 

power swings. The swings of 64V bus-power to 97V or *0 Percent 

variation, independent of orbit, ~y require more sophisticated forms 
of thermal control, such as thermal louvers, which can be expensive. 
The final determination is dependent upon the thermal interfaces of t. e 
radio, antenna,, and satellite. 
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★ -RE- POVERT'AMD TEST CONCERNS 

. ffEV.. .T£*i»i2S*ft8^ *«* 


.jr ■/;?«*> 


wCiss® 

The no^I2Srl'tfirf* s f&'^th*rB«i vacu^-tes’Clng'^ts “cKaC‘con^6n«ncs : *haI_^ Y ^ 
be subjected. to - acceptance lave 1 -v ' theraaf 3 vacuum ' testing in lieu of 


thermal cycling tests, if . they meet any- of- the thermal vacuum test 

talwi ha'Vnu -' v Xftoa.r .: 1 . %*-- •® ,f * •• S33*.» 9 .\j*l 


criteria ; de£ined-*belov:: ir . ,*■<* 

‘o • have “terminals exposed to vacuum and “carrying over 50V . ... ... 

. ; .j* , sxqfwVP&fc-- .-3 •.— " tZ-'- 

o S pares noc^h«raetlcally jaalad ana carrying over 500V : 


■■zrMJt . 


#%» Vj- 




b" parts' exposed to vacuum, dissipating ‘over 30 percent of .their _ 
ln*air s rating and for which 'a thermal tolerance ^analysis .'oh the J/* 
component ''mounting does not exist. ' ^ 




Above 50V RF (actually 3CV with 2 : 1: VSVR-Voltage Standing Wave Ratio) 
che spacecrafts antenna-, ana radio must be -thermal vacuum- tested. The' J 
3 S transiscors-auscrbe-analyzed and tested to ensure that their thesaal. 
time constant-ls ?/ such-'' chat the 100V operation will hot exceed the 
thermal rating in* vacuum. The transistor junction temperature must be s 
designed for a MTTF of five years minimum. The thermal properties of 
high power pin diode switches and phase shifters must be analyzed and . ; 
tested. -•••-— -— 5 - 

\ - -*,?C ..; r '-. *2*:^ - --■ * T . : 

■Tha RF capability of SMA connectors is about 32V. With a safety factor 
of 2:1, the maximum power would be 40V. Therefore, TMC type connectors 
(circuitous dielectric interface) will be- required. Also, to -ensure 
rapid bleed-down at vacuum,' the connectors must-be vented (drilled), 


* TURM OH/OFF SVITCHIHC TIMES ; ; 

The discussions for protocols and routing has assumed time lines with 
transmission periods and receive periods but no- switching time in- 
between. Switching tine would be- periods of transition between 
transmi t and race IveT "There 'are concerns about Che following a re a s o f 
operation which would cause switch time delays. 


o* ■ P/A operation 


o T/R switc: '.rg 

- : "* ^ >•. 

o Antenna switching -= ' *. 

. a-fetw • • • JW 

P/A operation: The circuit for the operating FA is shown= in Figure S-'^ " 

63. The turn on of the PA will require very low Inductance in the 
battery ; regulator; wiring and P/A; - Absolution might be^co place a -'' 
large capacitor as close to the F/A as-possible. However, if “the -P/A 
on/off switch is before the capacitor, the turn on will be slowed due 
to charging of the capacitor. 






Another solution would be to turn the P/A on continuously, charge; all . 
capacitors, and be ready for the transmitter on/off. The impact of 
this will be .smalL.because ,the ,P/A.is n cl*ss C an d, should draw _> low ? power 
(-1W) while' in standby between' transmission*. 

1 3* *2 ‘ ^ ^ ' '***&> “:5£ '• . z-J-.a&.-'S??*. - :? ,'T. • V v 'iVw v — w . ' 

T/R switching: Two possible RF configurations are shown in^Figuras -5-. 

69 and 5 - 70 . The system is half duplex transmitting end receiving on 
th® saae frequency. When transoitting.lOOW (ignoring.f liter losses for 
now) v a circulator would provide 20+ dB of isolation. However, a 2:1 
VSVR antenna would .provide only M 10 _,dB, . of reflection loss.. In^other 
words, 10W, if peak power, would be reflected back to the receiver. A 
T/R switch aay be needed to protect ~ the receiver, front end.,. Also, for 
the switched beam or . phased , array antennas , .. end of life , degradation 
night cause VSVRs ouch higher for certain beams and- therefore, the T/R 
switch sight be required to handle higher powers than 10W. 

The questions to be answered include: Whac. will the switching ciaa of 

the T/R switch b®7. ..What will, be. Che isolation cf the switch? If .^the 
receiver upper dynamic range is ,0 dBa, the reflected 10W will, need 40 
dS of switch isolation. Even then, the receiver aay require time to 
recuperate froa the 0 d2a signal. 

Antenna switching: The antenna is specified at <lus switching tiae. 

This specif ication states that a lus dead; tiae must be , apportioned to~ 
the protocol- ' . - • - t ■; - 7 , • ' -i • * „ .“7 ■*, -w # * 

The switching speed of a pin-diode switch is dependent upon 1) on: the 
RF power through-put and Insertion loss • large current to offset the 
RF povtr, 2) off: the RF power and isolation required - high voltage 

to shut off diode and offset RF power, 3) the diode peckage design and 
switch package design to handle cooling of diode (due to dc and RF 
loss) in e vacuum, and 4) the switching speed of the switch driver, 
which supplies the voltages to the pin-diode. The lus switch clae for 
MSSP will be the sum of the pin-diode switch and switch driver tiae. 
Previous experience has shown rspid on^switchlng of-pin diodasT-buc-the 
off can be longer depending on eystea line capacitance. 

A summary of switching concerns csn be answered by the following 
queetions: 

PA on or off continuous usee 

If off: on-tiae usee 

T/R on/off- tiae usee 

Antenna switch time--...' . 1 usee - -i ^ -■ 

Since ell. of these times occur ^ in&. parallel, the longest tiae^will . be 
the- system-dead tiae.- • Cr ; ;:- 
















6.0 Conclusions and Recommendations 
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The MSS? Phase I study is not., a presentation of a single point satel- 
lite design. but a coobination ofrtrades and analyses leading co rhe 
preliminary design of a low cost satellite communication system.. The 
study was based upon the: interaction between Che Phase I team members: 
aneanra , radio , : and satellite Integration such that an- optimum cost- 
effective design could be obtained. 

During this study several, general conclusions were obtained: /• 

o Orbits: The -satellite orbits should be at a high inclination for 
the view capability by the Northern Hemisphere where most of the 
system users would be located..;' A satellite altitude of approxi- 
mately 675 km would create a sufficient orbit lifetime while pro- 
viding lower launch cost and lower radiation levels. A technique 
has also been presented for satellite di spersion using nodal re- 
gression which could save considerable^ system cost. 

. _ ... * 

o Ground User: The Impact of the system design cost due to the mul- 
titude of ground users can be great. If peak power for high ele- 
vation angle satellites is used, the system cost and complexity 
could be reduced. 


K 
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o Satellita Communication Range: The satellite 4 design .should be 

capable l of maximum communication range...... This capability increases 

communication probability and system reliability. .. 

o Power: Satell' :e power requirements are the largest satellite 

cost drivers. The analyses show —the impact of cost per watt 
(-$5000 per watt) and how the solar array configuration was ana- 
lyzed to maximize the array orbital average output. 

o Attitude Control: The attitude control necessary from the satel- 

lite is dependent upon the antenna capability apd cost. The pri- 

aary concern addressed— in — the — analysis- is~ the confli-ct^between 

attitude control and the antenna pointing requirements. The cost 
of the dual scan, elevation, and azimuth crosslink antenna esti- 
mated by the antenna team members directed the result of the ana- 
lysis. The attitude control would be a simple gravity gradient 
boom system with a eddy current damper. 

Figure 6*1 Illustrates a final conceptual satellite for the MSS? and 
Table 6*1 lists features of the ...satellite design. It is not a single 
point design because if will, depend .upon final trades performed in the 
M3 SP Phase II study. 
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Power: 



• j TABLE 6-1 

PROMINENT SATELLITE' DESICN ASPECTS 


75V' system of 6 panels deployed for maximum, 
orbital:. power.. 36 amphr batter;/' for." low- 

depth of di-char g* and current- limiting 
power control. 


Attitude Control: 
Structure: 


Preferred Launch Mode: 
Command and. Telemetry: 


Gravity gradient: boom with eddy current - 

damper for. nadir-pointing 10 dag> 3r 

‘ ‘ * ■ ' . . . t __ . 

Tubular frame, low- cost construction, with 
thermal blanket walls. 

Shuttle launch with OMV for final orbits, 
satellites deployed for nodal dispersion. 

Command and ' telemetry provided * through., 
interface with network processor. 


Thermal.. heater compensating for no- transmit, 
periods. Passive thermal . blankets and 
radiators. 


Thermal Control: 
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t.; Jacchia, L. G. ’I, 
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"Thermospheric " Temperature, Density, and 

Composition: New Models* Smithsonian. 

Institution Astrophysical... Observator : SAO 

Special Report No. 375, March '1.977 ' 

zffxsuiaj, Zxs>.3&t^sum£*a%iQ:- StsssariTtA ■ . 5 




2 . King-Hele , Desmond 


"Theory of Satellite ~ Orbits ~ r ,in an~ Atmosphere" . 
Buttervorth & Co. Ltd., London, 1964 


ELV - 
ER3S - 
ETR - 
ft - 
FOV - 
CEOS - 
GHz 
CSAT - 
hr* - 
ICa - 

igrf • 

kg - 
Va • 
LHC - 
nin - 
MSFC - 


Acronym List 

:.y"' “ •3?S«V-.-' V •.*■«•'••■ '• 

American AseronautiCal Society 
Attitude Determination and Control System 
Automatic Gain Control 
Aluminum 

Atomic Oxygen _ 

Geomagnetic Indices 
Applied Physics Laboratory 
Area/Mass ratio 

Ball Aerospace Systems Division 
Coefficient of Drag 
centimeter 

Complementary Metallic Oxide Semiconductor 
decibel 

decree _ — s 

Expendable Launch Vehicle 

Earth Radiation Budget Satellite 
Eastern Test Range — — - 

feet/foot - ,,- 

Field of View 

Geodetic Earth Orbiting Satellite 

- GigaHertz 

Gravity Satellite 
Hours 

Integrated Circuits 

International Geomagnetic Reference Field 

Kilogram 

Kilometer 

Left Hand Circular 

minutes 

Marshall Space Flight Center 
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/ | ; |Aeronym List (eont) 

* Sr ' 

MSS • 

Multiple Satellite System / | 1 I?****" 

♦■^fl8fcQgS*r% w . ’ ’ jfaSKA - *$3**?+* 

7 i 
.i'n- 

MSSP - 

Multiple Satellite System. Program 


MTTF • 

Mean Time to Failure 


NASA • 

National Aeronautics and Space Administration 

NF- 

Noise Figure - 


NiCad - 

Nickel Cadmium ■ ,^^-a ■ . 

■ ■ - v ' v >; 

nm * 

ia&t ■ 1 I 

nautical mile 


nnl - 

nautical mile •-• 


OKV - 

Orbital Maneuvering Vehicle 


rad - 

radiation units i ’’ 


RF • 

Radio Frequency — 

- 

RMS - 

Remote Manipulator System 


RCM - 

Read Only Memory 


RSS - 

Root Sum Squared 


sec - 

second i 


SZ3. - 

System Engineering Report 


SHIELDOSE 

•Radiation Calculation Program - 


SMA • 

RF connector Sub-Minature Type A •- 

•- • .-r-n 

SOFIP - 

Short Orbit Flux Integration Program 


SSM - 

Solid Rocket Motor 


“STS - 

Space Transportation System 


Ceap - 

Temperature 


T3D • 

To be determined 


TIM - 

Telemetry 


TNC - 
VSVR . 

RF Connector Type TNC - „ ; ■ 

- ■ # ' --7 — 

Voltage Standing- Wave Ratio 
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